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SECTION 1
SUMMARY
An analytical study has been conducted to define the basic configu-
ration of an active control system for helicopter vibration and gust
response alleviation. The study culminated in a control system design
which has two separate systems: narrow band loop for vibration reduction
and wider band loop for gust response alleviation. The narrow band vibra-
tion loop utilizes the standard swashplate control configuration to input
higher harmonics of blade cyclic pitch once every rotor revolution. The
controller for the vibration loop is based on adaptive optimal control
theory and is designed to adapt to any flight condition including maneuvers
and transients. The prime characteristic of the vibration control system
is its real-time capability. Advanced control te0niques utilizing a
real-time identifier are coupled with a transfer matrix approach repre-
senting the rotorcraft so that the transfer matrix is completely updated
once every rotor revolution and commands higher harmonic blade cyclic
pitch input. This enhancement of the transfer matrix approach provides
the capability to handle all flight conditions including maneuvers and
transients without gain scheduling and also without having to open the
loop and perturbate the system to determine the transfer matrix.
The gust alleviation control system studied consists of optimal
sampled-data feedback gains together with an optimal one-step-ahead pre-
diction. A sampled-data approach facilitates implementation of the control
law in an onboard digital computer. The prediction permits the estimation
of the gust disturbance which can then be used to minimize the gust effects
on the helicopter. To simplify the control system, a sub-optimal system,
using a few feedback paths, was also studied and developed. A significant
reduction in the gust response has been achieved with this sub-optimal
system.
lheoretical results are presented for a non-linear four-bladed single
rotor helicopter which demonstrate the effectiveness of the active control
system. For the narrow band vibration control loop, 4/rev fuselage vibra-
tion reductions on the order of 80-90 percent are achieved with the active
controller for airspeeds up to 150 kn. The amplitude of higher harmonic
pitch required to achieve this level of vibration reductions is on the
order of one degree at 3, 4, and 5 per rev. For the aide band gust response
alleviation loop, a 70 percent alleviation is achieved while augmenting the
basic aircraft stability.
The studies have shown that rotor blade loads may or may not be in-
creased significantly ny HHC inputs. The potential for control inputs that
do not increase loads has been shown. However the designer should be alert
to the possibility for signific q tly increased loads due to two mechanisms:
1) nonoptimum rotating to fixed -stem hub load vectoral cancellation and 2)
by resonant amplification of higher blade modes through interharmonic coupl-
ing.
SECTION 2
INTRODUCTION
In order to achieve full potential in the coming generation of heli-
copters, significant reductions in the vibration and gust response levels
must be accomplished. The vibration and gust response of a helicopter
affects not only ride quality but also maintenance costs. Commericial
possenger . acceptance will largely depend upon perception of low vibration
and gust response during the ride, and the feasibility of commercial
utilization of the helicopter is directly impacted by the maintenance
costs attributed to the vibrating environment.
Many advances in the reduction of vibration have been accomplished
and are operational on the current generation of helicopters. Some no-
table methods are: fuselage and rotor blade tuning, transmission isolation
devices, hub-mounted, blade-nounted and fuselage-mounted vibration absorbers.
Another method that could be extremely effective for both vibration and
gust response alleviation is the use of active feedback control. A promis-
ing application of active control is for vibration reduction with the use
of higher harmonic cyclic pitch. Much theoretical and experimental work
has been done in this area, References 1 through 9, and also in the re-
lated areas of jet flaps and servo flaps, References 10 through 17. The
basis for all this work is the beneficial change in rotor blade harmonic
air1r)ads caused by the higher harmonic control inputs so that a net re-
duct'i,^n results in forces and moments transmitted to the rotor hub. The
overall conclusion of these experimental and analytical studies is that
higher harmonic control in its many forms of implerientation in different
rotor types can be used to achieve substantial reduction in helicopter
vibration.
One important observation of the experimental and theoretical work
done to date is that most of the work has been addressed to vibration
reduction with open loop higher harmonic control. Only two studies,
(References 3 and 10), deal explicitly with a closed loop system. This is
not surprising since it follows the normal course of events in the develop-
ment of a concept. But this observation does hichlight the present status
of higher harmonic control as being proven feasible experimentally with
the next step being determination of the feasibility of implementing the
concept on a heiico pper by closed loop control.
More experimental and theoretical work hds been done in the area of
gust alleviation by feedback control, Reference!; 18 through 23, and the
present level of sophistication has probably be,!n set by the use of linear
optimal control theory and Kalman filtering in Reference 23. The overall
conclusion reached from the work doCLmented in these references is that
gust alleviation with active control is promising. However there are
presently no active gust alleviation control systems on production heli-
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copters, so in this sense the status of the gust alleviation active control
concept is about the same as the active vibration control concept.
The next logical step is to define a control system configuration
to realize the expected gains in vibration and gust response alleviation.
The primary objective of this analytical study is to define the basic.
configuration of an active control system, to evaluate its effectiveness
for vibration and gust response alleviation, and to establish the feasi-
bility of the concepu-.
SECTION 3
APPROACH FOR ACTIVE VIBRATION AND GUST ALLEVIATION CONTROL
The approach used for formulating an active vibration and gust allevi-
ation controller is fundamentally based upon the need to avoid compromising
the capabil-.ty of a vibration control configuration by forcing the same
concept to also alleviate gusts, or vice versa. There is no over-riding
requirement to have the same sensors, actuators, or controllers perform
for both vibration and gust alleviation. The simplicity in the total
system gained by a compromising approach could be negated by loss in
effectiveness. This can be stated because of the fundamental differences
between vibration and gusts on helicopters. These differences are profound
so that clear advantages and disadvantages can be seen for a particular
advanced control concept when applied to either vibration or gust allevi-
ation control. Following are three areas :n which there are large differ-
ences between vibration and gust characteristics.
THE HARMONIC NATURE OF VIBRATION - A marked difference between vibra-
tion and gust is that vibration is harmonic whereas gust characteristics
are not. The input-output relationships for vibration are fundamentally
periodic and a transfer matrix approach is naturally suited to this type
of system. The gust problem is random in nature with Rio primary input-
output frequency and best treatod statistically.
THE MINIMUM GAIN SCHEDULING REQUIREMENTS FOR GUST ALLEVIATION - Analyt-
ic investigation for CH-53 has shown (Reference 19) that the gain scheduling
requirements for gust alleviation are minimal and therefore the linear
quadratic optimal control concept is well suited for gust control. On the
other hand, experimental results (Reference 2, 4) have shown that gain
scheduling requirements for vibration control can be e vnected to be more
complex, even if the flight envelope is restricted to steady state flight
conditions. Therefore the use of gain scheduling for vibration can possibly
become quite complex. When the total helicopter envelope is considered,
some type of adaptive control could be more suited for vibration to simplify
the control system.
FREQUENC,' BANDWIDTHS OF GUST AND VIBRATION ARE SEPARATED - The fre-
quency bandwidth of vibration is very closely tied to the number of rotor
blades. For a 4-bladed rotor the frequencies of interest are discrete
harmonics at 3, 4, 5 per rev and 7, 8, 9 per rev frequencies in rotating
frame. Compared to this, the frequency bandwidth of gust forcing is yener-
ally considered to be 0 up to 1 per rev for conventional helicopters with
200 m/s to 230 m/s tip speeds. The distinction is probably most pronounced
in the hardware aspects of implementation. The best solution to both the
vibration and gust alleviation control problems is to design each system so
that ^t is best suited to its own characteristics and bandwidth requirements
and then compare the two systems and look for areas of commonality. This
is the approach used in the design and evaluation of the active vibration
and gust alleviation control system.
Figure 3.1 shows that the active control system has been separated into
two separate systems; a vibration loop whose sensors, actuators and contrcl-
lers are designed specifically for active vibration control; and a gust
alleviation loop whose sensors, actuators and controllers are designed
specifically for gust alleviation control.
The vibration control system is termed the Real Time Self Adaptive
(RTSA) control system. The system will use the standard swashplate actuator
configuration for control inputs. The swashplate will be oscillated at 4
per rev to provide 3, 4, 5 per rev control inputs to the individual rotor
blades for a four-bladed rotor to control 4 per rev vibration. Higher
harmonic control inputs of 7, 8, 9 per rev can also be input to control 8
per rev vibration in the same manner. However, the scope of this study is
limited to addressing 4 per rev vibration on a four-bladed rotor. The
vibration control system is based upon the transfer matrix approach that has
been extensively validated in the last twenty years, e.g., References 13
through 16. The prime characteristic of the RTSA control system is its real
time capability. Advanced control techniques utilizing a real time iden-
tifier discussed in Section 4.3.2 are compatible with the transfer matrix
approach so that the transfer matrix will be completely updated and command
higher harmonic controls input every rotor revolution.
This enhancement of the transfer matrix approach provides the capa-
bility to handle all flight conditions (steady state, maneuvers, transients)
without gain scheduling and also without having to open the loop and
perturbate the system to determine the transfer matrix. For the system
proposed, the closed loop control inputs are the excitations required for
determination of the transfer matrix. Other important characteristics of
this system are:
a) the use of fixed system sensors
b) adaptability for reduction of vibration that emanates from many
sources (not just the main rotor)
c) independence from analytical calculations when implemented in
flight test or production aircraft
The gust alleviation control system is an application of linear qua-
dratic optimal control theory to provide control inputs to the standard
swashplate/actuator control configuration. This approach is favored
because it has a sound theoretical basis (,References 19 and 23) and there-
fore presents a minimum risk approach. Linear quadratic Gaussian optimal
control techniques are used to transform sensor measurements into state
estimates for control optimization, along the same lines as discussed in
Reference 23.
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The application of two separate control techniques, real time transfer
matrix for vibration and linear quadratic optimal control techniques for
gusts represents the best solution to the total problem because the best
Solution is found for each individual problem rather than a single compro-
mising complex solution for both vibration and gust alleviation. Guidelines
of minimum risk and simplicity are followed to maximize the probability of
success for vibration and gust alleviation control.
SECTION 4
VIBRATION CONTROL
The vibration control approach consi"ts of three distinct components:
(1) a method for mechanically implementing higher harmonic blade pitch; (2)
an active controller to calculate and then command the required higher
harmonic pitch; and (3) a system of sensors to provide inputs to the active
controller. Together these three components form a closed-loop control
system which will minimize vibration of the helicopter fuselage. Each of
these systems will be discussed separately.
4.1 Mechanical Implementation
The vibration control approach uses higher harmonic blade root cyclic
pitch which modifies the blade airloads to minimize harmonic bode forcing.
The higher harmonic blade pitch is mechanically input through the standard
helicopter swashplate configuration. By harmonically oscillating the
primary servos (actuators) that support the fixed swashplate, harmonic
blade pitch motions are induced by the blade pitch links following the
motion of the rotating swashplate.
In order for all the rotor blades to have the same harmonic pitch
amplitude and phasing, there is a limitation on the frequency of swashplate
oscillation in the fixed system. The simple rule to follow to ensure that
all blades on an N-bladed rotor are performing the same harmonic pitch
oscillations as they travel around the azimuth is that the harmonic frequency
of oscillation of the swashplate must be N or some integer multiple of N.
For example, on a four-bladed rotor, the frequency of swashplate oscillation
must be 4/rev or some integer multiple of 4. In the present study, 4/rev
swashplate oscillation was used on a four-bladed rotor to create 3, 4, and
5/rev harmonic blade pitch in the rotating system. The 4/rev blade pitch
results from symmetric oscillation of the swashplate and the 3 and 5/rev
blade pitch results from cyclic oscillation of the swashplate (still at
4/rev) about two orthogonal axes. Reference 26 provides a thorough dis-
cussion of the transfer of control inputs from fixed to rotating systems.
In summary, the higher harmonic cyclic pitch concept was implemented on
the four-bladed helicopter model by oscillating the stationary swashplate
at 4/rev in collective and cyclic motions to create blade cyclic pitch at
3, 4, and 5/rev. Implementing higher harmonic cyclic pitch in this manner
provides maximum utilization of the present swashplate control system so
that only minor modifications to the present control configuration will be
required for implementation. Obviously the actuators that support the
swashplate will have new requirements for frequency response, rate, and
stroke. This is discussed in Section 6.
4.2 Sensors
The purpose of the sensors is to provide information to the active con-
troller so that it can calculate and then command required higher harmonic
8
Icontrol inputs. The sensors can be thought of as measuring meaningful out-
puts of the helicopter as it responds to higher harmonic control inputs. The
sensors in the present vibration control approach are linear accelerometers.
The accelerometers sense vibration and are placed throughout the aircraft
wherever vibration minimization is desired. The accelerometers are located
only in the fixed system (not on the rotor or on any component in the ro-
tating system). Sensors in the rotating system are avoided because a slip
ring or an expensive telemetry package is required to transmit data to the
fixed system. Also, it has been found and will be discussed in Section 4.5
that hub vibration can be minimized by placing accelerometers in the fixed
system as close to the hub as possible. Another important reason for using
fixed system sensors is to accomodate the possibility of compensating for
vibration caused by excitation sources other than the main rotor (e.g.
empennage response to main rotor wake impingement). The only real need
for a sensor in the rotating system would be to minimize or restrict blade
fatigue stresses while minimizing vibration. However, even this use of
rotating system sensors can be avoided on a production version of the
active control system by the use of a state estimator. The state estimator
is actually an optional component of the active vibration controller, and
will be discussed more fully later.
In summary, the sensors used in the vibration control approach are all
linear accelerometers that measure vibration throughout the aircraft. Since
the vibration is sensed in the fixed system, the output is predominantly
4/rev for a four-bladed rotor with some 8 and 12/rev content. In the present
study, sensors were placed in the cockpit, in the nose of the helicopter, in
the cabin and close to the hub in the fixed system as shown in Table 4.1.
TABLE 4.1 LOCATION OF ACCELEROMETER SENSORS
Cockpit
Pilot - STA (205) Vertical
Lateral
Longitudinal
Copilot - STA (205) Vertical
Cabin - STA (320) Vertical
Nose - STA (165) Vertical
Hub (Fixed System) Vertical
Lateral
Longitudinal
Pitch
Roll
Yaw
Note: Angular accelerations are obtained by combining signals from appro-
priately placed linear accelerometers.
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4.3 Active Controller
The controller used in the vibration control approach for achieving
minimum vibration is an explicit adaptive controller and is termed the
Real-Time-Self-Adaptive (RTSA) controller. The controller consists of
three interrelated algorithms: (1) a real-time minimum variance controller
for vibration minimization; (2) a real-time identification algorithm for
identifying and tracking the transfer matrix relating input hic'ier harmonic
cyclic pitch to output vibration; and (3) a harmonic analyzer for obt&ining
real-time harmonic components of measured vibration.
There are three fundamental characteristics that (when combined to
work as a total control algorithm) distinguish this controller from all
others proposed to date for helicopter vibration control:
(1) The approach is based upon a well validated fact that there exists a
transfer matrix between vibrations and higher harmonic cyclic pitch. The
transfer matrix (here-after called the T-matrix) develops a static linear
relationship between harmonics of vibration (4/rev for a four-bladed rotor)
and harmonics of blade cyclic pitch (3, 4, and 5/rev for a four-bladed
rotor).
(2) The transfer matrix (T-matrix) is identified on-line and is tracked by
a real-time identification and tracking algorithm. This imicans that no
previous theoretical calculations or expe;'mental resL!Its are required to
establish the T-matrix. This also means teat any changes in the T-matrix
due to nonlinearity or transient conditions such as a maneuver will auto-
matically be identified in real-time.
(3) Higher harmonic control inputs are updated on the order of every rotor
revolution on a full-scale rotor system. This ability to update very
quickly makes it possible for the identification and tracking algorithm
to track during a time-varying situation such as a manuever or a transient
so that the update in the T-matrix is close in time to the actual change.
The quick update in higher harmonic control inputs also facilitates the
use of the linear T-matrix approach to the nonlinear helicopter-aerodynamic
environment problem by linearizing over a small range of control angle
input.
With these three fundamental characteristics the time-varying non-
linear helicopter vibration problem has been transformed into a near
real-time static linear problem with a simple solution. A diagram of
the RTSA controller is shown in Figure 4.1. The controller consists of
three primary interrelated algorithms. Each of the three algorithms will
be discussed subsequently.
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P4.3.1	 Minimum Variance Control Algorithm
A minimum variance control gain adjustment algorithm is shown which
provides a real-time solution to minimize a weighted mean square sum of
harmonic vibration and control inputs. A minimum variance controller is
one which minimizes the expected value of the mean square. The expected
value is used to account for the stochastic nature of the problem due to
random noise on the signal.
The minimum variance controller is obtained by minimization of the
criteria:
J = E Zi+1WzZi+1 + oe^WaAe i ^	 (4.1)
where
J is the performance index (a scalar)
Z is a (nxl) vector of harmonic coefficeints of vibration for the
(.i+l)th rotor rev
W  is the (nxn) vibration weighting matrix (diagonal)
oe• is the (ffxl) delta higher harmonic control input vector for the
it^ rotor rev
We is the (mxm) control input weighting matrix
Superscript T denotes transpose
E •.	 denotes expected value
Subscript i or i+1 denotes the i or i+1 rotor revolution
The performance index J includes not only the measured harmonics of
vibration but also the higher harmonic control angle inputs. Therefore
each element of vibration or control angle input can be individually
weighted to make it more or less. important than the other elements.
The transfer matrix relationship between inputs and outputs is
Zi+1 = Teoei + Z 	 (4.2)
Where T 9 is the nxm transfer matrix (T-matrix) relating input higher
harmonic control angles (oa i ) to output harmonic vibration (Z i and Zi+l).
The control angle is expressed in terms of an incremental upoate so that
the total higher harmonic control angles are the sum of the oe inputs for
all rotor revolutions up to the ith revolution. Expressing the control
inputs in terms of a delta facilitates linearization of the elements of
the T-matrix about the control vector point for the previous rotor revo-
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lution and over a range of oe. This can be important for controller
stability and effectiveness if the T-matrix is highly nonlinear. This
method is contrasted with expressing the control angle in terms of an abso-
lute number a so that the T-matrix are linearized about a zero higher har-
monic control input.
The minimum variance control is obtained by taking the partial
derivative of J with respect to ne and setting it equal to zero.
aJ/aoei = 0
	
(4.3)
The resulting solution for the minimum variance controller is:
oe* i = -(TeTWzTa + We ) -I T6TWzt i	(4.4)
Where the superscript * denotes the optimal higher harmonic input
for minimum variance. An important consideration in the minimum variance
controller is that the optimum controller is a closed form expression.
That is, once the weighting matrices have been selected and the transfer
matrix determined, substitution of these values into Eq. (4.4) results
in an immediate control signal which is optimum in the sense of minimum
variances. The closed form solution is a direct result of the linearity
between the input and output transfer relationship. If Eq. (4.2) were
formulated to include nonlinear terms, then this closed form solution
would not exist and an iterative technique would be required. Such an
approach is unfavorable because the real-time capability required for
transients and maneuvers is lost due to computation time.
The nonlinear variation of the T-matrix is accounted for in the RTSA
controller by treating the T-matrix as a time-varying matrix which changes
throughout each flight condition. By performing real-time identification
and tracking of the T-matrix the nonlinearity is accounted for and yet the
minimum variance controller of Eq. (4.4) remains linear.
4.3.2
	
Real-Time T-matrix T:+ cijtification and Tracking Algorithm
Successful identification of the T-matrix is important for good
vibration reduction since the minimum variance controller discussed in
the previous section depends explicitly on the identified T-matrix. The
method used for deriving the real-time identification algorithm parallels
the approach taken in Ref. 27 and is based on the fact that least squares
is analogous to a Kalman filter and, therefore, all the well-known Kalman
filter algorithms apply. The Kalman filter formulation for the identifi-
cation problem is obtained by noting that Eq. (4.2) can be rewritten as:
13
M.
r z11	 neTTe1 + Z1
Z2	 =	 neITe2 + Z2	 (4.5)
`Zj i+1	
neTTei + Z  J i
where Ted is the jth column of TeT
A state vector (X) can then be defined for each row if the T-matrix.
The rows in Eq. (4.5) then become
Z  i+1 = H i Xji + n	 (4.6)
where
	
rTe^
Xji ='--
L -` j i
H =	 neT ; 1
n is zero mean white Gaussian measurement noise
The state vector (X) with dimensions ((m+l)xl) represents a row in
the T-matrix and can be represented as a varying quantity to be tracked
by:
X  i+1 = Xji + Wji	 j = 1 to N	 (4.7)
where W-i is a discrete white random sequence and j denotes the jth
row of l?he vibration vector Z.
The quantity Wji can be considered the forcing vector for changes in
state (X). Equation (4.7) implies that the state vector (the jth row of
the nxm T-matrix) at time sequence i+1 equals its value at time sequence
i plus a random change. Thi- random change conveys to the mathematical
formulation that the elements of the T-matrix vary with flight condition.
Equations (4.6) and (4.1) present a well-defined problem, and the Kalman
tilter solution provides a real-time identification and tracking of the T-
matrix. The Kalman filter solution as taken from Reference 27, Chapter 12,
is:
A	 n	 n
X  i+1 = Xji + Ki (Zji -H i Xji )	 (4.8)
Ki = P 0TR i
-1	
(1.9)
Pi = P
i-1 + Qi	 (4.10)
14
Pi+l = Pi-PiHiT(HiPiHIT + R i )
-1H i P i
	(4.11)
where K  is the Kalman gain ((m+l)X1) vector
A
P i is th?: (m+l)x(n+l) covariance matrix of the error in the estimate Xj
A
Xji is the state vector representing the jth row of the T-matrix
Qi is the (m+l)x(m+l) covariance matrix of W
Ri is the (lxl) covariance of noise n
And the superscript A denotes estimated value
The covariance of noise R can be made a scaler constant or vary between
updates, depending upon the variability of noise to signal ratio or other
factors influencing vibration measurement accuracy. One method of varying
R from update to update is shown below:
L'i+1 - Ri 
Ji-1	 Rlow `— Ri+1
where J is the vibration performance
`< Rhigh
	 (4.12)
index as defined in Equation (4.1).
The matrix P is the covariance of the state X and is therefore a
measure of confidence in the estimate of the state X. If the estimate of
X is good, then the elements of the estimated T matrix will be close to the
elements of the actual T matrix and P will be small. Conversely, if the
estimate of X is poor, P wili then be calculated to be large. The matrix
Q is the cr—riance of the discrete white randori noise sequence. The
value of Q	 not caiculated like P but instead is assigned. The magnitude
of its elements should be set in direct proportion to the variab',lity of
the actual T matrix from update to update. If the actual T matrix varies
widely and rapidly then the elements of Q should be large.
Note Equation (4.8) is a modei of the system defined by Equation
(4.7) with a correction term that is proportional to the ditference be-
tween the measured vibration (Z i ) and the predicted vibration (HiXi) with
higher harmonic control. The Kalman gain vector Ki is a ratio of the
confidence in the predicted T-matrix to the confidence in the accuracy of
the vibration measurements. This can be seen by inspection of Equation
(4.9) which shows Pi, the covariance of the state, X i , in the numerator
and Ri, the covariance of the noise on the measurement, in the denominator.
When R i is large (or conversely P i small) to reflect more confidence in
the estimate of the T-matrix than in the measurements, the state vector
(X•) will change proportionately less even though there will be a difference
be^ween measured vibrations (Zi) and predicted vibrations (HiXi).
This also demonstrates that the important parameter for Q and R is
the ratio of Q to R rather than the individual magnitudes. For if the
calculated T matrix is a good estimate of the actual T-matrix, then P will
1J
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be essentially equal to Q, Equation (4.10), and tl,e Kalman ain will be
directly proportional to the ratio of I to R, Equation (4.9}q . Actually Q
and R ^,ust be judiciously selected to match the system. For wind tunnel or
flighty test implementation, the selection process should combine some Know-
ledge of the system (is T linear and how does it vary, are the measurements
noisy) with some trial and error combination of Q and R to optimize their
relative magnitudes. In this study, P has been var=4d between .001 and 1
with an initialized value of .1. Q has been made ^ constant diagonal matrix
with all diagonal elements equal to .001. Also the P matrix has been
initialized to 10 on the diagonal for the zeroth rotor rev.
An important characteristic of the identification and tracking algo-
rithm contained in Equations (4.8) - (4.11) is that computation of the
updated estimate of the elements of the T-matrix involves only the current
vibration measurement and error covariance. Therefore, the procedure can be
carried out recursively with information from only the present rev, (i+l)th,
and the previous rev, ith. The importance of this characteristic is that
implementation can easily be carried out in real time. Also, this capa-
bility helps satisfy the requirement for effective identification and track-
ing of the T-matrix during transients and maneuvers.
'fhe harmonic analyzer used to provide vibration measurement information
to both the minimum variance controller and the parameter identifier is
discussed in the next section.
4.3.3	 Harmonic Analyzer
As previously mentioned in Section 4.2, the sensors used to supply
information to the controller are all accelerometers located in the fixed
system. Therefore, for a four-bladed rotor, the vibration measurements
are predominately 4/rev with some 8/rev and 12/rev in a steady state
flight condition, provided all four blades are executing the same motions.
The active vibration control system takes advantage of the periodic nature
of vibration and seeks to minimize the 4/rev fuselage motions. The purpose
of the harmonic analyzer is to transform the sensor measurements of acceler-
ation into digitized 4/rev harmonic coefficients. To accomplish this, a
fast Fourier transform (FF1) approach is used to operate on the sensor
analog signal. The particular FFT used is taken from the International
Mathematics and Statistical Library and the basis for the algorithm can be
found in Reference 28. The FFf used refers to this theoretical investigate=,,;
only and is not necessarily the best for other applications. In fact for
full scale implementation, some method other than an FFT may be more
attractive. The proposed use of an FFT to obtain the harmonic components
of vibration is intended only to be a starting point for preliminary dis-
cussions on hardware definition and implementation.
An optional part of the harmonic analyzer is a high pass-low pass
filter. Although this filter was not used in the analytical simulation, it
is recommended for use on a flight worthy control system. The filter oper-
ates on the analog sensor measurements to remove harmonic content above or
IU
below 4/rev from the signal. This will increase the accuracy of the FFT for
small record lengths, and more will be said in this regard later. Depending
upon the filter design, it is possible that some signal attenuation and
phase lag might be introduced. However, since the desired sional is at a
discrete frequency (4/rev); this can be accounted for directly by signal
amplification and phase lead corrections in thu controller algorithms after
the FFT has digitized the signal.
Additional functions performed by the controller shown in Figure 4.1
are- limiting of Ae and digital to analog (D/A) conversion of the actuator
signals. The oe limiter serves to keep the amplitude of higher harmonic
control input at each update within the capability of the actuators. For
example, if the higher harmonic control is updated with the first quarter of
every rotor revolution, which is about 60 milliseconds for a full scale
rotor system, and the actuators are physically limited to a .1 degree change
in that time span; then the actuator command signal is limited to .1 deg so
that the actuator is always working within its capability. The same type of
limiting applied to the total amplitude of higher harmonic control required
to ensure that the actuators are not commanded beyond their maximum stroke
capability.
After the limiting operation is complete the D/A conversion of the
actuator signals is performed and the analog electrical signals are sent to
the swashplate servos to oscillate the swashplate for higher harmonic con-
trol inputs.
4.4 Vibration Control System Implementation
To implement the vibration controller on a helicopter, the controller
must be integrated into the system so that it can receive information
(vibration measurements) from the helicopter and then send updated infor-
mation to the helicopter (the actuators) to mechanically implement higher
harmonic control. This section describes how the controller is integrated
into the standard helicopter control system and the complete sequence of
events that occur from the initial sensor measurement of vibration to the
input of higher harmonic control. The computational requirements for
implementation of the controller algorithms are also discussed.
A variety of methods exis +. by which higher harmonic cyclic pitch can
be input to the rotor blades. Four options are discussed in Section 6, For
purposes of this section of the report, it is assumed that the input is
electrical and made directly co the primary servos which support the non-
rotating swashplate; these servos having been modified to accept electrical
inputs.
4.4.1
	 Controller Integration
A schematic of one of the configurations for the vibration control
system integrated with the helicopter is shown in Figure 4.2. With the ex-
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Figure 4.2 Schema"'ic of Vibration Control System Integrated with the
Helicopter.
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ception of the electrical signal amplifiers and the electrical signal filter,
D/A conversion and the 1/rev counter, the entire vibration controller can be
programmed onto a digital computer. The PDP 11/40 computer is shown in the
figure only to indicate the ohysical size of computational capahility re-
quired and not to indicate the computer preference. Computational require-
ments are discussed in a later section, so it is sufficient to say at this
point that a flightworthy PDP 11/40 requires only one shelf of a standard
electrical storage unit and weighs less than 50 pounds. For a production
version of the vibration controller, it would be worthwhile to make a special
computer that is hardwired to perform only the vibration controller functions.
This would result in a faster, lighter, more compact computer/controller.
An important features of the computer/controller shown in Figure 4.2 is
that there are only three switches available to the pilot to activate the
vibration controller. There is an on/off switch to energize the system, a
switch to activate the controller and also an initialization switch to set
the higher harmonic control angles to zero and also to initialize the vibra-
tion controller. Since the vibration controller operates recursively, that
is, it needs information from the present rotor revolut i on plus information
from the past revolution, the initialization function satisfies the past
revolution information requirement when the controller is turned on. The
initialization process consists of zeroing the oe vector, and defining Q,
K and the P matrix in the identification algorithms and the initial T-
matrix for the zeroth rotor rev. For full scale implementation, the initial
T-matrix will probably be the vibration sensitivities to higher harmonic
control inputs in hover, based on open loop flight test results. However
the T-matrix need not be so well defined, since the controller will iden-
tify and track it automatically. The only criterion for defining the
initial T-matrix is that it maintain controller stability and not generate
vibration when the controller is activated. Once the computer/controller
is turned on and initialized, there are no other functions required of the
pilot. There are no gain switches, weighting switches or override switches
because the controller does not depend upon gain scheduling, flight speed or
maneuvering rates or any parameter other than the vibrations measured by the
sensors.
Except for the initialization of the controller to get it started, the
controller is completely independent of theoretical predictions of heli-
copter response or flight test measured helicopter response to higher har-
monic control. No such information is stored in the computer and the con-
troller is completely on its own to identify and track the helicopter
response to higher harmonic control and then compute and command the re-
quired control angles. Once the controller is turned on and initialized,
which will presumably be in hover at the start of flight, the controller
performs its calculation and update functions once every rotor revolution
throughout the whole flight including all maneuvers and transients. The
sequence of events that occur within a typical rotor revolution with the
controller activated is shown. in Figure 4.3.
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Figure 4.3 Sequence of Events Occurring in Vibration Control System for One
Rotor Revolution.
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The commanded ne higher harmonic control input for the its rotor revolu-
tion is shown being input at the start of the revolution. Actually the se-
quence can be started at any point in time during a rotor revolution, but for
explanatory purposes it is shown being input when a particular reference
rotor blade is at zero degrees azimuth. The actuator response is described
as a "softened" step input that lasts no more than 1/4 rev. The characteris-
tic of the oe update depends largely upon the actuator dynamic response
characteristics to a nearly step change in the 4/rev electrical voltage that
controls the actuator valve. It suffices to say that the actuator will be
required to complete the commanded oe input within 1/4 rev. During the time
that the oe is being updated there will be a transient vibration response of
the helicopter due to the transient change in rotor higher harmonic airloads
as affected by the ae update. The transient vibration response is certainly
dependent upon the shape and amplitude of the oe update and Figure 4.3 shows
that about .65 rev (155 msec) is allowed to pass from the start of the oe
update before the harmonic analyzer in the vibration controller is activated.
This time block is essentially "dead" time in which the controller must wait,
but it is very important to the performance of the controller. If the har-
monic analysis is performed earlier, the FFT algorithm will be operating on
a largely transient signal and therefore pass inaccurate information to the
parameter identifier and minimum variance control algorithms. The result
will be an inaccurately identified T-matrix with a resultant reduction in
controller performance since the commanded oe inputs will then be in error.
The time that must pass before the harmonic analysis is performed is
certainly arbitrary. the more time allowed for transient decay the better
for controller performance, but this may not be true in flight maneuvers
where the vibration is changing rapidly. For such a case, it is desirable
to update the higher harmonic control as quick as possible to track any
maneuver induced transient changes in the T-matrix and also to minimize the
lag time between optimum and input higher harmonic control. The .65 rev
time allowed for transient decay shown in ;-figure 4.3 is based upon a
theoretically predicted typical transi pr". vibration response to a step input
of higher harmonic control. Figure 4.4 shows the transient 4/rev response
of two fixed system hub components to a step input of .1 degree each of
3/rev, 4/rev and 5/rev cyclic pitch. The predictions are from the G-400
aeroelastic simulation of the helicopter used for the controller studies.
('(he G-400 analysis is described in detail in Reference 29 and will be dis-
cussed briefly in Section 4.5.1.) A harmonic analysis of the vibration com-
ponents was performed 4 times for each rotor revolution. The data points
show the results of the harmonic analysis performed at the end of each rotor
quadrant, and the solid line at rev 4 shows the new steady state level of
vibration. After waiting for three quarters of a rotor revolution and per-
formine a harmonic analysis on the vibration time history in the last rotor
quadrant, the predicted 4/rev content is 107 percent of the new steady state
value, or 7 percent in error. Th q
 earlier the harmonic analysis is per-
formed the larger the error in the 4/rev content.
Certainly these results depend upon the nature of the oe input, the
initial vibration level and the senFitivity of the particular vibration com-
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ponents to higher harmonic control. But they do underline the importance of
the transient vibration response to ee inputs. For the present study it was
decided that the .65 rev lapse time after the start of the update was suffi-
cient for a 1 rev update. The impact of waiting longer between updates to
further minimize the transient effect will be discussed in a later section.
Referring to Figure 4.3, after waiting .65 rev to allow for transient
decay, the filtered analog signal from each vibration component is read into
the harmonic analyzer for the next 1/4 rev (60 msec). Since the signal is
filtered to allow only 4/rev content to pass through, only a quarter rev is
required to complete one cycle of vibration. Filtering the signal before
performing the FFT seems like duplicated effort and it would be if the
impact of record length on the time between updates were not a concern.
However, because of the desire to update once every rotor rev for effective
vibration alleviation in maneuvers and transients, the record length must
be limited to a quarter rev while at the same time the number of data
samples are limited. This impacts detrimentally on resolution and also
induces aliasing distortion. If the signal is band pass filtered for
4/rev then aliasing of high frequencies into 4/rev will not be a problem
and high resolution can 5e obtained with a smaller record length. The
time required for the FFT to analyze six components is less than 1 msec and
is not shown in Figure 4.3. There are many schemes for further decreasing
the time allotted for harmonic analysis; e.g., reading the analog signal
over only half a vibration cycle (1/8 rev) and completing the 1/4 rev sine
wave with the negative-of that read or reading the analog signal fer only a
quarter of a vibration cycle (1/16 rev) and mathematically constructing the
complete sine wave from that measurement. For the present study it was
deemed sufFicient to formulate the controller with a quarter rev devoted to
the harmonic analyzer and let further sophistication follow.
After the harmonic analyzer has performed its function and the amplitude
and phase of each vibration component has been calculated, a total of 215
msec has elapsed. The next 25 msec are devoted to controller computations
for parameter identification and minimum variance control calculations for
the next ee update. It is important to note that the time allotted to the
controller for computations is the smallest by at least a factor of two com-
pared to the time slotted for the other functions that occur during one rotor
revolution and this is based upon an off-the-shelf generdl purpose computer
(PDP 11/40). The next section discusses in detail the computational require-
ments for the vibration controller.
4.4.2	 Controller Computational Requirements
Figure 4.1 showed that seven separate computational functions must be
performed by the vibration controller from the time it receives the electri-
cal signals from the sensors to the time it sends the commanded electrical
signals to the swashplate actuators. With each computation there is associ-
ated a certain block of dedicated computer time and the length of computer
time required is a function of the digital computer being used and also a
function of the number of parameters being considered.
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For this study of the computational requirements, a total of nine
parameters have been considered: six vibration signals at 4/rev, and 3
higher harmonic control inputs (3, 4, and 5 per rev). Since all of the
parameters are harmonic and have cosine and . sine values, the vibration
vector previously defined by Z for six vibration sensors has the dimension
of (12x1) and the higher harmonic control vector previously defined as ee
has the dimensions of (6x1). Using these dimensions for the parameters
involved, the computational requirements for the vibration controller were
calculated and are summarized in Table 4.2. The DEC PDP 11/40 processor was
used for the time calculations primarily to demonstrate the level of sophis-
tication required of the off-the-shelf computer to implement the vibration
controller on a full scale helicopter. The number of additions and multi-
plications required for each function performed by the controller were
calculated and the associated computation times were calculated. To be
conservative, all of the functions were assumed to be performed in series so
that any advantage of parallel calculations was neglected.
Results show that about 24 milliseconds are required to complete all
the computations. This corresponds to about .1 of a rotor rev for full
scale rotors operating in the 198 m/s to 228.6 m/s (650-750 fps) tip speed
range.
In summary, these computation time results show that by using a readily
available off-the-shelf computer the vibration controller can be implemented
and a full scale rotor system with six vibration pickups and operate within
the one rev update time, as previously outlined in Figure 4.3. With the use
of microprocessors and parallel computations the total computation time can
be significantly lowered if desired to accrammodate even more vibration
pickups.
4.5 Controller Computer Simulation
The previous sections outlined the vibration controller, discussed its
separate components, and also explained how the controller could be imple-
mented on a full scale helicopter. This section discusses the simulation of
the controller coupled with a helicopter to optimize and then evaluate the
performance of the controller. The controller simulation was performed on a
digital computer by linking an existing nonlinear aeroelastic simulation of
a helicopter with a computer subroutine that performed all of the functions
of the vibration controller as outlined in the previous sections. The non-
linear aeroelastic computer analysis used to represent the vibrating heli-
copter, and the computer subroutine that performed all of the vibration con-
troller functions are discussed below.
4.5.1	 Nonlinear Aeroelastic Helicopter Simulation
The nonlinear aeroelastic analysis used to simulate the helicopter is
the G400 analysis, documented in Reference 29. Improvements to the analysis
have been made since the publication of the reference, however the reference
can still be used for a detailed basic description of the analysis.
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This computer analysis performs a time history solution of the differen-
tial equations of rotor blade motions. The nonlinear equations of motion
are solved by using a Galerkin procedure wherein the normal "uncoupled mode"
shapes and spanwise derivatives of blade pitch angle and nonlinear twist are
appropriately combined to describe the coupled blade deflections in response
to the fully coupled inertial and aerodynamic load distributions. The rotor
is coupled to the fuselage at the hub by six fuselage degrees of freedom.
The six fuselage modes can be either rigid body modes, or flexible modes.
Flexible motion at any point in the fuselage is achieved by multiplying the
modal hub deflections by a linear transformation matrix to the point of
interest in the fuselage. The flexible fuselage mode option was used for
this study and the particular modes used will be discussed later. Salient
features of the G-400 aeroelastic analysis are listed below:
transient time history capability
uncoupled modes
fully coupled inertia and aerodynamic ioads
Galerkin type modal solution
articulated or hingeless rotor types
individual blade motions
aerodynamics
nonlinear
constant or variable inflow
flexible fuselage (_6 degrees of freedom)
The most important features of the G-400 analysis with respect to its
use for the vibration controller study are the time history solution method
and the flexible fuselage modes. The time history solution format allowed
the simulation of how the controller would actually be implemented on a full
scale helicopter. In the simulation, at the end of every rotor rev the
controller subroutine is entered and new higher harmonic control angles are
calculated. The new control angles are then input at the start of the next
rev in the G-400 solution. In actual implementation the controller calcula-
tions would be done in the last 25 msec (.1 rev) and the updated control
angles would be input at the start of the next rotor revolution. The time
history solution also allows close simulation of a transient or maneuver so
that the controller can be evaluated under these conditions. The use of
flexible fuselage modes allowed close simulation of how the actual sensors
would work on a full scale implementation. In the simulation, time history
of accelerations at six selected points in the fuselage are passed to the
controller subroutine for the last quarter of every rotor revolution just as
it would be done in full scale implementation. In this manner the importance
of sensor location or combination of sensors can be accurately evaluated.
The articulated rotor helicopter that was modeled in the G-400 analysis
is the BLACK HAWK (UH-60A) with some modifications. The modifications are in
the description of the main rotor and were made to simplify the rotor
system to minimize any effect that rotor system pecularities might have on
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ad
hi her harmonic control performance. The rotor modifications are as follows:
%a^ rotor blade tip sweep was removed and blade chord is constant at the
tip, (b) the nonlinear twist was replaced with equivalent linear twist, (c)
the blade chordwise center of gravity, shear center, and neutral axis were
placed on the quarter chord.
The resulting simulation of the modified BLACK HAWK used in the G-400
analysis will hereafter be termed the baseline helicopter. Results pre-
sented later will show the effect of parametric variations from the baseline
in controller performance. The pertinent characteristics of the baseline
helicopter are shown in the following table.
Design Gross Weight	 7620 kg (16800 lb)
Rotor System
.
Type - Articulated
No. of Blades
Radius
Chord (nominal)
Twist
Tip Speed
4
8.169 m (26.8 ft)
0.527 m (20.75 in)
-16 deg
221 m/s (725 fps)
The G-400 analysis uses uncoupled modes to represent the baseline heli-
copter rotor system. The analysis uses four blade flatwise modes, two edge-
wise modes and one torsion mode to simulate the rotor blade dynamics. The
natural frequencies of these blade modes are tabulated below.
Mode	 Frequency. s2
	
Flat 1	 1.01
	2 	 2.85
	
3	 5.11
	
4	 8.01
	
Edge 1	 .28
	2 	 4.80
	
Torsion 1
	
(including	 4.22
control system flexibility)
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Six flexible fuselage modes are used in the G-400 analysis to represent
the fuselage of the baseline helicopter. T^f.-^ modes (which are defined
from shake test data) were chosen for the ^-I-:.imity of their natural freq-
uencies to the prime excitation frequency `: 4/rev. These modes are listed
below.
Frequency (Nz)	 Mode Description
11.6	 Secona Lateral
12.1	 Tail Vertical
13.8	 Transmission Vertical/Pitch
14.3	 Transmission Roll
15.3	 Second Vertical
17.4	 Transmission Pitch
All of these modes are fully coupled and the mode descriptions are
only indicative of the primary characteristic motions. The corresponding
generalized masses and the modal vectors at the main rotor hub are shown
in Table 4.3. Note that the hub modal vectors are represented in terms of
the 6 degrees of freedom of hub motion (3 displacements and 3 rotations).
The generalized coordinates of the fuselage modes can then be calculated by
ZHUB
	
0 HUB q	 (4.13)
q-1	 Z NUB	 (4.14)
HUB
where Z HUB is the (bxl) vector of hub motions
0 HUB is the (6x6) hub modal matrix
q is the (6x1) vector of modal coordinates.
In addition to the main rotor hub, six additional locations were selected
throughout the fuselage for vibration measurements by the sensors. The
fuselage modal vectors for each of these locations are shown in Table 4.4.
Note that after the hub motions have been calculated by G-400 and the modal
coordinates have been calculated by Equation 4.14, the 4/rev motions at the
sensor locations can be calculated by
Sensors
	
0 Sensors q
	
(4.15)
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where Z Sensors is the (6x1) vector of 4/rev motions at the sensors
^ Sensors is the (6x6) sensor modal matrix
q is the previously defined modal coordinate vector.
This result is essentially a linear transformation between motion at the hub
and motion at any point in the fuselage.
4.5.2	 Vibration Controller Subroutine
This section describes the computer simulation of the vibration con-
troller outlined in Section 4.3. The vibration controller was formulated
into an independent subroutine named CONTRL which is linked to the G-400
aeroelastic simulation of the baseline helicopter. The subroutine CONTRL
performs all the functions of a full scale production controller and alsi
interacts with the G-400 helicopter simulation in much the same manner that
a production controller would interact with a production helicopter. Figure
4.5 shows a schematic of subroutine CONTRL including the interface with the
G-400 analysis.
During the time history solution process in G-400, the time integration
step is normally set to an equivalent 2.5 degrees of rotor azimuth. At the
end of the 360 degree azimuth calculation, the subroutine CONTRL is called
by the G-400 main program and the vibration controller is entered. 	 By
means of a matrix in the subroutine argument, the time varying fuselage
accelerations for the last quarter rev (270 to 360 degrees azimuth) as
computed by G400 are passed to the controller to simulate analog sensor
signals. This step initiates the vibration controller functions which are
simulated by additional subroutines in CONTRL. The subroutine INPUT stores
the fuselage accelerations received from G-400. If this is the first rotor
rev after the controller is activated, the subroutine INIT initializes all
of the required processing parameters. This includes the initial T-matrix
and nulling of the higher harmonic control vector. Then the subroutine
HARMON is entered which performs the harmonic analysis (FFT) on the fuselage
accelerations stores on subroutine INPUT. The output of subroutine HARMON
is a vibration vector, Z, with dimension of (12x1). These are the cosine
and sine components of the 4/rev vibrations as calculated by the harmonic
analyzer from the last quarter rev data for the six vibration sensors.
At this point there is a variation from the format of a production
controller. An additional subroutine termed NOISE is entered to add dis-
crete 4/rev noise to each of the calculated 4/rev vibrations if desired.
The purpose of this subroutine is to test the tolerance and performance of
the vibration controller in the presence of signal noise. The noise is
input in terms of noise to signal ratio based un a normal distribution and
the level of this no i se can be varied by a single input to the controller
subroutine. The particular noise model used is taken from the International
Mathematics and Statistical Library.
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Figure 4.5 Flow Diagram of Controller Subroutinp.
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After noise nas been added to the 4/rev vibrations, the subroutine
PARID is entered. The subroutine performs all of the functions of the
parameter identifier and tracker discussed previously in Section 4.3. The
primary purpose of this subroutine is to identify and track the T-matrix
which relates fuselage vibration response to higher harmonic control inputs.
The T-matrix is required by the minimum variance control algorithms, and
once it has been computed by PARID it is passed to the subroutine VARCON
which performs the minimum variance control calculations. The end product
of VARCON is a computed optimum Ae to update the higher harmonic control
vector.
Before the higher harmonic control vector is updated, the calculated Ae
from VARCON is passed into subroutine LIMIT. This subroutine performs the
same functions that the limiter would perform on a production controller.
If the calculated optimum Ae is larger than that allowed due to actuator
hardware limitations or other reasons, the Ae is limited to the prescribed
amplitude, but the phase of the higher harmonic control vector is unchanged.
For example if a .1 degree limit is placed on each control update due to
actuator response limitations, the Ae signal to be sent to the actuators
will not exceed the value even though the optimum input may have required
larger value. At this point in subroutine CONTRL, the Ae needed for the
next rev update has been calculated and the results for the present rotor
rev are printed in subroutine PRINT. The new higher harmonic control vector
for the next rotor rev is calculated in subroutine UPDATE by adding the
computed Ae to the total a from the previous rev. Having completed all of
its functions the subroutine CONTRL then passes the new e vector back to G-
400 and the analysis continues its time history solution with the updated
higher harmonic control.
4.6 Theoretical Results
Analysis, optimization and evaluation of the vibration controller were
performed by operating the G-400 helicopter simulation with the vibration
controller subroutine C OWRL linked as discussed in the previous section.
The theoretical study consists of two parts. The first part of the study
deals with the characteristics of the controller for a high speed baseline
helicopter flight condition. The second part of the study is a parametric
evaluation of how well the controller performs for different flight con-
ditions and different rotor configurations.
4.6.1	 Controller Analysis and Optimization at High Speed
A 150 kn baseline helicopter flight condition was selected as the
point for studying how the controller operates in a nonlinear simulation.
Many different controller configurations were tested at the 150 kn con-
dition to evaluate the controller and then optimize its configuration for
the second part of the theoretical study in which many parametric variations
in aircraft and flight conditions are made. These theoretical studies
resulted in a baseline controller configuration which showed the best
33
overall performance. The characteristics of the baseline controller con-
figuration are listed in the following table.
Sensors
pilot vertic,.
pilot lateral
pilot longitudinal
copilot vertical
nose vertical
cabin vertical
Timc between updates
oe between updated
Control weights
Weightings
1.0
1.0
1.0
1.0
.O1
1.0
One rotor revolution
Not more than .1 degree at 3, 4, 5
per rev
3, 4, 5 per rev equally weighted
Six vibration sensors were used to demonstrate a broad, rather than
a local, vibration reduction. The nose vertical sensor is practically
unweighted for reasons to be discussed later. The time between updates is
set at one rotor revolution to demonstrate fast update capability for a
transient or maneuver and the maximum oe between updates is limited to .1
degree. The performance of this baseline controller for the 150 kn con-
dition is discussed below.
Vibration Reduction - Figure 4.6 shows the G-400 helicopter simulation
results with the baseline controller operating in closed loop. The figure
shows'G-400 time histories of vibration and higher harmonic control ampli-
tude after the controller is turned on at the fourth revolution. The vibra-
tion performance index J (sum of the squares of all of the weighted vibra-
tions) is shown along with one typical component of vibration (pilot vertical)
and one typical component of higher harmonic cyclic pitch (3/rev). The
vibration performance index J is a good overall indicater of controller
performance since it includes all of the sensed vibrations. Figure 4.6
shows that after the controller is activated at rev 4, the performance index
(J) immediately starts to decrease and by rev 12 the value of J is 10 1,0 of
its initial value (equivalent to 30 0' of initial RMS value). The elapsed
time from the time the controller was turned on at rev 4 to rev 12 is about
2 seconds. After rev 12, J continues to decrease and by rev 40 the value is
1 percent of the baseline value at rev 4. The pilot vertical vibration also
decreases abruptly after rev 4 and, 2 seconds later, at rev 12 its amplitude
is 15 percent of the baseline level. by rev 40, the pilot vertical vibra-
tion is .04g compared to the baseline .8%g. The change in 3/rev cyclic with
time after the controller is activated shows a gradual increase in amplitude
with perturbations from rev to rev. The initial rate of 3/rev cyclic pitch
update is about .06 degrees per rev and it is over this range that the
greatest reduction in vibrations occur. By rev 12 the 3/rev pitch has
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reached half of its final value and the vibrations have been reduced by
about 75 percent. By rev 34 the 3 per rev cyclic pitch has settled to an
amplitude of about one degree.
The last point to be made about the transient results in Fig. 4.6 is
that the controller would normally be activated in hover and not at 150 kn
so that the vibration controller would not have to change the higher har-
monic control by a degree in such a short time to reach the optimal input.
The fact that the vibration performance index J is reduced by 90 percent in
2 seconds after the controller is activated indicates that the controller
should have good transient and maneuver vibration performance.
The change in the individual vibration components are shown in Fig.
4.7. In this figure a comparison is made between the 4/rev vibration levels
at rev 4 without higher harmonic control and at rev 40 with the controller
activated. The fuselage vibrations at the six sensor locations along with
the fixed system hub vibrations are shown. All of the fuselage vibrations
have decreased substantially except for the nose vertical vibration which
has doubled in amplitude. Since the nose vertical vibration is practically
unweighted in the performance index this increase is not unexpected. It is
possible to reduce the nose vibrations and the implications of this will be
discussed more fully later.. The components with the largest reductions are
the pilot, copilot and cabin vertical vibrations. All these components have
been reduced by more than 90 percent with higher harmonic control. The
remaining two components (pilot lateral and longitudinal) both have re-
ductions greater than 50 rercent. Two important points should be made
concerning these results. First, the vibration reductions are in all three
directions, not just vertical. in addition to reductions in the lateral and
longitudinal directions, the pilot and copilot vertical vibrations contain a
substantial roll component. So it can be said that the effect of higher
harmonic control is not directionally sensitive but rathe r that the benefits
of higher harmonic control can be realized in all three axes. The second
point to be made is that all of the cabin and cockpit vibrations are less
than .1g and therefore the resultant vibration levels conform to the latest
military vibration specifications. Although the results are theoretical,
the important point is that the vibration controller has reduced rather
large vibrations to acceptable levels in the crew inhabited areas without
the use of any other kind of vibration device such as vibration absorbers or
transmission isolation. It is reasonable to expect that such delta changes
on a flight helicopter can also be realized.
Also shown in Fig. 4.7 are the fixed system hub vibrations. The three
angular vibrations have been multiplied by 0.305m (1 foot) so that all six
hub vibrations are presented in the form of g's. All six hub vibrations
have been substantially reduced with the vibration controller even though
the sensor measurements for the vibration controller are the six fuselage
accelerations. This indicates that the vibration reductions with higher
harmonic control are primarily due to reduced forcing at the rotor hub
rather than a vectoral cancellation of the fuselage modal contributions to
vibrations.
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The amplitudes of higher harmonic control required to achieve the
vibration reductions are also shown in Fig. 4.7. All three cyclic pitch
amplitudes are less than 1 degree. Since high speed flight is a high vibra-
tion condition it is reasonable to assume that the amount of higher harmonic
control required for vibration reductions throughout the flight envelope is
on the order of one degree.
Nonlinearity of Transfer Matrix - One of the primary concerns addressed
during the formulation of the controller configuration is the possible
nonlinear sensitivity of fuselage vibrations to higher harmonic control
inputs. The nonlinearity could occur during maneuvers or transients, during
changes in airspeed in accelerated flight or just with higher harmonic
control amplitude for a steady flight condition. The presence and severity
of such nonlinearities is fundamentally important to the stability and
effectiveness of the controller configuration because the controller is
founded on the static linear transfer matrix approach. If the helicopter
vibratory response to control inputs is nonlinear, then the controller
algorithms must be appropriately adjusted.
The nonlinearity of the predicted 150 kn T-matrix with control input
amplitude is evident in Figure 4.8. The 4/rev pilot vertical vibration
response (amplitude and phase) is shown as a function of 3/rev cyclic input
as determined from open loop perturbation at 150 kn. The 3/rev cyclic
amplitude is perturbated at .5, 1.0, and 1.5 degrees about the zero point
and the phase of the cyclic input is swept through 360 degrees. A linear
response would be represented by a circular or elliptical pattern with
straight line axes for constant phase input. Figure 4.9 also shows the 4/
rev pilot vertical vibration response to 3/rev cyclic except that now the
3/rev perturbation is performed with 1 degree of 5/rev input fixed. These
results show even more severe nonlinearity than the previous results in
Figure 4.8; the pilot vertical response has fclded back on itself with in-
creased amplitude of control input so that the input-output relationship
is double valued. Also note that the overall shape of the deformed ellip-
tical response is changed significantly from Figure 4.8 to 4.9. In Figure
4.8 the deformed elliptical response developed counterclockwise with input
phase; in Figure 4.9 the deformed elliptical response developed clockwise.
This shows that the T-matrix elements are not only nonlinear with input
amplitude but also vary nonlinearly with and are dependent upon the total
control input vector; e.g., the sensitivity of vibration to 3/rev input
changes with 5/rev input, etc. These results indicate that singly per-
turbating open loop and then inverting the T-matrix so developed to calculate
the solution will not work because the T-matrix changes significantly with
the amplitude, phase and mix of 3, 4, and 5 per rev inputs.
To investigate this point, a closed loop simulation was performed with
G400. The controller was configured with the initial T-matrix for the zeroth
rev set equal to the transfer matrix obtained from a .5 degree open loop
perturbation. Also, the Kalman gain in the identification algorithms was
made very small by making R, the noise covariance, large. With this con-
figuration the T-matrix was allowed to change very slowly through identifica-
tion so that, in effect, the controller was always operating with the input
T-matrix for the zeroth rev. The time variation of the vibration performance
38
Li t
(Deg)
Perturbation Point 	 150 kn
A_	 A.	 A_	 Open Loop
Response
Phase (Deg)
0 ----r
Figure 4.8 Amplitude and Phase Relationship Between 4/Rev Pilot Vertical
Vibration and 3/Rev HHC Perturbation About Zero HHC Point.
39
IPerturbation Point	 150 knOpen Loop
Response
Phase (Deg)
0
Figure 4.9 Amplitude and Phase Relationship Between 4/Rev Pilot Vertical
Vibration and 3/rev HHC Perturbation about 1 0 or 5/Rev.
40
index for this case is shown in Figure 4.10. After only a few rotor revs
.after the controller is initiated at rev 4, the controller is amplifying
instead of alleviating vibration. In fact, the controller appears to be
unstable and is producing vibration levels that are oscillating between good
attenuation and four times amplification. The level of higher harmonic
control input steadily increases so that by rev 40 the amplitudes of the HHC
are on the order of 2 degrees. It is clear that the r-matrix varies non-
linearly and that the T-matrix determined from open loop perturbation is an
inadequate estimate of the actual nonlinear T-matrix. If the transfer matrix
approach is applied to operate in a closed loop under such severe nonlinear
conditions, then real time identification and tracking of the T-matrix is a
fundamental requirement. It also becomes quite important to increment the ee
input and determine the limit of the increment based upon the severity of the
nonlinearity. Tuning of the controller (P, Q, R,.weightings) will also be
required.
Another measure of the nonlinearity is shown in Figure 4.11. This
figure compares the T-matrices generated from open loop perturbation and that
identified by the controller in closed loop for the same flight condition.
The closed loop identified T-matrix is for rev 40 for the results shown in
Figure 4.6. Nearly every element of the identified T-matrix changes from the
open loop T-matrix results. Figure 4.12 graphically shows the extent of the
changes for the pilot vertical vibration. The elements of the T-matrices in
Figure 4.11 are plotted in polar form in Figure 4.12 for the pilot vertical
vibration. These results show significant differences in both amplitude and
phase of the sensitivities, and underline the need for on-line identification
and tracking.
. In summary, the theoretical results for the 150 kn case have shown
that the T-matrix varies nonlinearly not only with control input amplitude
but also with the mix of higher harmonic inputs. This emphasizes the need
for real time identification and tracking of the T-matrix in situations
where rapid changes in control amplitude and/or phase may be required, such
as in a transient or maneuver. It is also clear that a _scheme for identi-
fication and tracking of a nonlinear system will be needed just to reach
the optimum solution for a stead
	 flight condition. This scheme would
entail the tailoring of the identification algorithm with a oe limiter and
the time betweer: updates along with the covariances Q and R so that the non-
linear problem can be effectively solved piecewise with a linear solution.
More investigation should be performed into the observed theoretical non-
linearities to determine the source and understand the mechanisms involved.
Rotor Blade Stresses - Another area of interest that could be affected
by higher harmonic control is cyclic rotor blade stresses. Since higher
harmonic cyclic pitch affects the rotor blade airloads, it is reasonable to
assume that some changes in blade stresses would accompany changes in
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e 3C a 3S e 4 04S a 5C 8 5S
Pilot Long C -.055 -.080 .696 .030 -.166 .451
S .050 -.010 -.212 .328 -.211 .027
Pilot Lat C .032 -.029 -.453 .246 -.453 -.04^
S .019 .058 -.211 .063 -.083 -.460
Pilot Vert C .162 -.174 -.132 -1.062 -.857 -1.392
S .246 .327 .565 -1.575 2.158 1.038
Copilot Vert C .130 -.122 -.074 -1.537 -.562 -1.058
S .331 .328 .776 -1.589 2.305 1.610
Nose Vert C .224 -.620 6.300 -1.951 -1.814 .245
S .985 .470 .642 -1.089 1.640 1.567
Cabin Vert C -.174 .049 -.687 .876 -.008 .822
S -.234 -.132 -.840 1.085 -.983 -.767
(a)	 Open-Loop Perturbation
0 X ©3S 04C 04S 05C 05S
Pilot Long C -.177 .097 -.225 .003 .200 .434
S -.036 -.388 -.268 .110 .088 -.219
Pilot Lat C .114 -.224 -.375 .012 .365 -.058
S -.080 -.178 -.166 .092 -.079 -.426
Pilot Vert C .293 .487 -.661 -.521 .330 -.629
S .727 .003 .778 -.164 -.217 .668
Copilot Vert C .048 .776 -.618 -.492 .304 -.199
S .603 .362 1.154 -.038 -.176 1.175
Nose Vert C -.173 1.400 -1.023 -.930 .001 .986
S 2.239 .084 .394 -.349 -.027 .255
Cabin Vert C -.353 -.371 -.220 .448 .577 .520
S -1.028 -1.021 -.771 .519 .167 -.860
(b) Closed-Loop Identification
Figure 4.11 Transfer Matrix at 150 Kn.
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vibrations. Figure 4.13 shows that blade stresses do change to varying
degrees with higher harmonic control. This figure shows the peak to peak
blade bending moments and torsional moments along the rotor blade for
the baseline condition, compared to those at rev 40 with optimum higher
harmonic control. there is an increase in both bending and torsional
moments with higher harmonic control. The inboard flatwise moments in-
crease by about 35 percent, the edgewise moments increase only slightly (5
percent) near midspan and the torsional moments increase by about 20 per-
cent at the blade root. Figure 4.14 breaks down the peak to peak mo,nents
shown into harmonics at key stations along the rotor blade span to reveal
the source of the increased blade stresses.
The flatwise moment increases with higher harmonic control have 1, 2,
7 and 8 per rev content, while the 3, 4, and 5 per rev content are either
reduced or unchanged. This indicates that the direct effect of higher
harmonic control on blade moments (N/rev cyclic pitch affecting N/rev blade
moments) is small but the indirect effect of harmonic coupling can be
important. By linear aerodynamics, it is possible to create 1 and 2 per rev
airloads with 3 and 4 per rev cyclic pitch as a function of advance ratio
(u). It i s suggested that this interharmonic coupling is the source of the
increased flatwise moments. The importance of the coupling is a function
of advance ratio and also a function of the phasing of 3 and 4 per rev
Cyclic pitch. It would seem to be just as possible to have a net decrease
in 1 and 2 per rev airloading and also no net change, depending upon the
phases of all of the airloads. The edgewise moment increases are at 1, 4,
6, 7 and 8 per rev. The 1/rev increases is most likely due to an associated
increase in !/rev drag. However, 4/rev edgewise moment increase is not so
easily explained since the 4/rev flatwise moment decreased with higher
harmonic control, and this indicates a net decrease in 4/rev airloads.
Equally important for the edgewise moments is the decrease in the 5/rev
component. The large 5/rev reduction compensates for the other harmonic
increases and may be the reason for the relatively small increase in edge-
wise peak to peak moments shown previously.
The harmonic content of the torsional moments shown in Fig. 4.14 re-
veals that increased peak to peak moments with higher harmonic control are
due to increases in the 4 and 5 per rev contributions. This is not sur-
prising since the blade torsion frequency is near 4/rev and oscillating the
blade at frequencies near 4/rev provides strong inertial forcing. However,
the 1/rev content dominates the torsion peak to peak moment so the large in-
crease in 4 and 5 per rev content is not felt nearly as strong on a peak to
peak stress basis. In summary, higher harmonic control affects rotor blade
cyclic moments to varying degrees, and interharmonic coupling is the probable
source of the increased bending moments. both bending moments and torsion
moments increase but the edgewise and torsion moiiient increases are relatively
small and can probably be tolerated. The area of largest increase is in-
board flatwise moments due to increased 1, 2, 7 and 8 per rev content. The
increase is about 35 percent and it is likely that this level of increase is
significant from a blade life point of view. The questions of increased
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blade stresses and control loads are only germaine if one wants to incorpor-
ate higher harmonic control into an existing production helicopter with
minimum change to the rotor and control system. For a new aircraft, or
significant model change, increases in loads such as indicated by this study
could easily be accomodated in the basic design (redesign). For a flight
program to demonstrate the higher harmonic control concept accepting reduced
component lives or restricting the flight envelope are appropriate procedures
for insuring safety. An alternate approach to accepting higher blade stresses
is to include them in the performance criteria J, having computed them with a
state estimator. This approach was not pursued during the present study
however.
Rotor Performance - In addition to vibration and rotor loads, another
area of interest that could be affected by higher harmonic control is rotor
performance. It is desirable not to pay a direct power penalty for higher
harmonic control and this question is addressed in Fig. 4.15. key rotor
performance and trim parameters are shown for the baseline compared to that
for optimum higher harmonic control. Higher harmonic control causes a s
percent increase in rotor thrust. In the G-400 simulation, with the vibra-
tion controller linked to the rotor, the rotor cannot be retrimmed for
thrust after the controller is activated so any increase in thrust must be
accepted. In actual flight, any impact of higher harmonic control or rotor
thrust would be accounted for by the pilot's adjustment of collective
pitch. The increase in thrust is accompanied by a 5% increase in torque and
a 1% increase in propulsive force. The equivalent L/D is decreased by 5
with HHC. This is within the accuracy of the performance ana l ysis which
assumes both constant inflow and steady aerodynamics. Hydraulic power re-
quired to oscillate the swashplate actuators is not included in this
performance estimate.
Effect of Vibration sensor Weightings - An important aspect of the
vibration controller configuration is the selection of locations for vibra-
tion measurements and the weighting of relative importance of one vibration
measurement to the other vibration measurements. As previously discussed,
the locations of he sensors were chosen to provide a broad vibration
reduction throughout the fuse l age. Using the six sensor locations, differ-
ent combinations of sensor weightings were tried with the vibration con-
troller to evaluate the effect of sensor weightings.
The G-400 simulation with controller was run with the different weight-
ing combinations in the same manner as previously described. The controller
was activated at rev 4 and the -Lime simulation continued for a total of 40
revs. Results of the effects of sensor weightings are shown in Fig. 4.16.
Four different ccmbinations of sensor weightings were tried and the vibra-
tion results for each weighting configuration are compared in the figure
with the baseline vibration with no higher harmonic control. At the top of
Fig. 4.16 the results for the baseline controller configuration (nose un-
weighted) previously shown in Fig. 4.1 are presented again for comparison
purposes. Below the baseline configuration results are the equal weighting
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BASELINE HHC % NET
CHANGE
THRUST 71 919 N 74 072 N +3%(16 168 Ib) (16 6521b)
TORQUE 53 0: 3 N -m 55 730 N-m +5% (39 115 ft-lb) (41104 ft-lb)
PROPULSIVE FORCE 8 283N 8 389N + I%
(18621b) (18961b)
EQUIVALENT L/D 6.46 6.65 - 5%
BASELINE : 150 kn LEVEL FLIGHT
Figure 4.15 Effect of Higher Harmonic Control on Rotor Performance.
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case results in which all sensor measurements are equally weighted. These
results compare well with the baseline controller configuration results and
are even better for the nose vertical vibration which shows near'ly no change
for the equal weighting case. However, all three vertical vibration com-
ponents are slightly larger than the baseline controller configuration case
with the unweighted nose sensor. Therefore increasing the importance of the
nose vibration sacrifices vibration reductions possible elsewhere in the
fuselage. A possible explanation for this is that fuselage modal vectoral
cancellation is just as easily accomplished at the nose as a reduction in
modal excitation because the nose is the antinode for many important: fuselage
modes.
However, modal vectoral cancellation at the nose does not guarantee
reductions elsewhere because individual modal excitations have not been
reduced. Therefore at other points in the fuselage where only one or two
modes dominate, the vibration is not greatly reduced. It is for this reason
that the baseline controller configuration has an unweighted nose sensor.
Since nose of a helicopter is normally used to house avionics, which typically
are designed to withstand vibrations as high as 2g, it is prudent to let the
nose vibration increase moderately as a result of reduced vibration in crew
inhabited areas rather than let it influence the vibration in the crew in-
habited areas.
The next weighting configuration shown in Fig. 4.16 is for equally
weighted pilot and copilot vertical with the other four sensors unweighted.
This configuration showed surprisingly broad vibration reduction for such
a simple weighting configuration. Compared to the baseline controller
configuration results, the biggest variation is a larger cabin vibration
with little variation from the case with no higher harmonic control. The
next weighting configuration has equally weighted pilot, copilot and cabin
vertical with the other three components unweighted. This case is essen-
tially an attempt to improve upon the previous case by increasing the
importance of cabin vertical vibrations. These results show that weighting
the cabin equally with the pilot and copilot definitely benefits cabin
vibration with only a small increase in cockpit vibration. The net overall
reductions with higher harmonic control are impressive except for the
unweighted nose vibration which has more than doubled. The last weighting
configuration shown in Fig. 4.16 is an attempt to improve on the previous
case of equally weighted pilot, copilot and cabin vertical vibrations.
In addition to weighting these vibrations, pilot lateral was also equally
weighted so that only pilot longitudinal and nose vertical were unweighted.
The results show good reductions from the baseline condition without higher
harmonic control, but compared to the previous case, the vibration con-
troller performance have significantly diminished. Most notable are the
pilot, copilot and cabin vertical vibrations which have tripled from the
previous weighting case, while the pilot lateral vibration is essentially
unchanged. The reason for this adverse effect of weighting pilot lateral
vibration is unclear, however a possible answer could be that the con-
troller has reached a local solution to the nonlinear system and is
satisfied with the result because the performance index has decreased to
a local minimum. For, the other two cases shown in which the pilot lateral
w
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vibration was weighted, the pilot longitudinal vibration was also weighted
and the results for all cockpit vibrations are very good. It seems that
equally weighting pilot lateral and longitudinal vibrations (whether large
or small) is desirable to avoid this problem. In summary, Fig. 4.16 shows
that different weighting combinations have a definite effect on vibration
reductions and the best weighting configuration has equal weightings on all
six vibrations except for the nose vertical vibration which is unweighted.
These results indicate that the vibration weighting for any specific
HHC application will require some flight development in order to achieve
the best overall vibration reduction. It is unlikely that apriori weight-
ing can be enforced principally because of the interdependence of vibration
and rotor loads.
Effect of Hub Sensors - Another important aspect of sensor location
and sensor weightings is the possible use of remote sensors to achieve
vibration reductions in the cockpit and cabin. Specifically, what is
implied here is the use of hub vibration sensors in the fixed system to
account for hub motions in all six degrees of freedom. The rationale for
this approach is that if the rotor hub excitations are decreased with
higher harmonic control so that hub vibrations decrease, then vibration
reductions throughout the fuselage can also be expected. The remote sensor
approach was tried in the G-400 simulation by using the 6 hub sensors
(fixed system) outlined in Table 4.1 to drive the vibration controller.
All six hub sensors were equally weighted and the procedure followed in the
simulation is the same as that previously described. In the G-400 time
history solution for the 150 kn condition, the controller was activated at
rev 4 and the G-400 simulation was continued for 40 revs. Results for the
remote hub sensors are shown in Fig. 4.17. The time variation of the
vibration performance index (J), a typical cockpit vibration (pilot verti-
cal), and a typical control angle (3/rev) are shown. In this case the
performance index is composed of the equally weighted hub vibrations instead
Of the fuselage vibrations. Results show that, after the controller is
activated at rev 4, there is an abrupt steady descrease in J. By rev 14,
which is 10 revs or 2.5 second after the controller was activated at rev 4,
the performance index has been reduced by 99 percent. There is virtually
no change in J from rev 14 to rev 40.
The pilot vertical vibration also shows an abrupt decrease after the
controller is activated, but the final vibration level is higher than for
the baseline controller configuration case shown in Fig. 4.6 in which the
sensors were located on the fuselage. This suggests that the selected hub
vibration weighting is not at an optimum for minimum cockpit and cabin
vibration. Since hub vibration and cockpit and cabin vibration are linearly
dependent, a hub vibration weighting vector can be generated which will
reproduce, exactly, the vibration reduction achieved with the optimized
fuselage vibration weighting vector. A fundamantal potential shortcoming
of the hub vibration sensors is that minimum performance index J may not
produce minimum cockpit and cabin vibration.
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The time variation of 3/rev cyclic pitch input is slightly steeper and
smoother than that shown in Fig. 4.6 for the local sensor case and the final
amplitude of 3/rev pitch is also substantially higher. This indicates vari-
ations in higher harmonic control angle vectors between remote and local
sensor solutions. Figure 4.18 compares the hub and fuselage vibrations for
the case of remote hub and local fuselage sensors. The local fuselage
sensor results are reproduced from Fig. 4 . 7 for the baseline controller
configuration. Refering to the hub vibrations, there is little difference
between remote and local sensor results. However,.the fuselage vibrations
show a significant reduction in controller performance with the use of
remote hub sensors. The fuselage vibrations with hub sensors still show
large reductions compared to the baseline case with no higher harmonic
control, but the reductions are definitely less than those for the local
sensor case for the tour vertical vibration components. There are two
possible explanations for this result. First, the remote hub sensor case
did not reduce the hub vertical vibration as much as the local fuselage
sensor case ( 69 percent versus 88 percent) so more fuselage vertical
excitation is present. Second, there is probably substantial vectoral
modal cancellation occurring for the fuselage vibration sensors so that the
phasing as well as the magnitude of the hub excitations is important.
Thinking in terms of a transfer matrix between hub and fuselage vibrations,
this logic would indicate a fully populated matrix as opposed to an essen-
tially diagonal transfer matrix with dominance between prime directions,
e.g., lateral hub motion causing lateral cockpit motion.
In summary, these results indicate the remote (hub) vibration sensors,
while mathematically equivalent, are probably not a viable alternative to
the use of local sensors at the points of interest. The weighting of the
remote sensors and the performance index would have to produce minimum vibra-
tion in the areas of interest. Applied thusly, the weighting and performance
index will serve to take best advantage of response cancellation by gener-
ating optimum phasing of rotor vibratory loads. However, the use of hub
sensors can be potentially useful when used in conjunction with local vibra-
tion sensors in the fuselage. Since the response of the helicopter to higher
harmonic control inputs is nonlinear there is a greater possibility of reach-
ing the optimum solution rather than a local solution if both the amplitude
and the pha ,^a of the fuselage modal response are controlled. this might
be a ,7 ,7omp,ished by including both hub and fuselage sensors (appropriately
weighted) in the performance index. The hub sensors work to reduce the
amplitude of the fuselage excitation without regard to phase, and the
fuselage sensors work to reduce the fuselage response by vectoral cancellation
with emphasis primarily on phase. This approach could potentially lead to
a vectoral cancellation of small numbers as opposed to a vectoral cancella-
tion of large numbers (fuselage sensors) or uncontrolled response to mini-
mized forcing (hub sensors). If both hub sensors and local fuselage sensors
are included in the performance index, this type of control can be implemented
and could result in lower hub and fuselage vibrations.
Effect of Time Between Updates - An important parameter in the con-
troller configuration is the time between higher harmonic control updates.
A quick update time is advantageous for transient or maneuver conditions.
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But if the control angle updates are performed too quickly so that the
vibrations are still in a transient response from the previous control
input, the controller performance will be compromised due to errors in the
sensor measurements. The baseline controller configuration has set the
time between updates to one rotor rev. This update time is considered to
be the shortest reasonable update time based upon the estimated transient
vibrations for a .1 degree higher harmonic control input. To determine
whether a one rotor rev update time compromises controller performance, a
G-400 simulation was performed with an update time of two rotor revs. For
this configuration, the harmonic analyzer in the vibration controller used
the sensor measurements from the last quarter rev of the second rotor
revolution. This increased the time allowed for vibration transient decay
by a factor of 2.5 (1.65 revs versus .65 revs) over that allowed for the
one rev update configuration. The results for the two rev update time
controller configuration are shown in Fig. 4.19. The vibration performance
index, pilot vertical vibration and 3/rev cyclic pitch are shown as a
function of time. Comparing these results to those shown in Fig. 4.6 for
the one rev update time, the most notable difference is the smoothness of
the 3/rev cyclic pitch input for the 2-rev-update configuration. The slope
of the 3/rev input is nearly constant while the slope in Fig. 4.6 shows
perturbations. The perturbations for the quicker update indicates that the
time allowed for transient decay does affect the controller calculations of
higher harmonic control. However, the 3/rev pitch converges to the same
value. More importantly, the pilot vertical vibration and the performance
index for the 2-rev-update look similar to that for the one-rev-update in
Fig. 4.6. In fact after 40 revs, pilot vertical vibration and the per-
formance index for the one-rev-update configurations are lower than for the
two-rev-update configuration. However, over the 40 rev time period, the
two-rev-update controller configuration has updated only half as much as
the one-rev-update configuration. Therefore a more meaningful comparison
of the two configurations is to evaluate controller performance as a func-
tion of the number of updates after the controller is activated.
This comparison is shown in Fig. 4.20. Even when evaluated on this
basis the one-rev-update controller configuration results compares well
to the two-rev-update configuration results. As previously mentioned,
3/rev cyclic converges more smoothly and with fewer updates, -;nd the pilot
vertical vibration seems to be converging more smoothly for the 2-rev-up-
date configuration. However, the overall performance of the vibration
controller as indicated by the vibration performance index is nearly Lhe
same for both controller configuration:.	 This indicates that although
there are some specific effects of transient vibrations and time between
updates, the overall performance of the controller is not compromised by
using a one-rev-update time. Figure 4.21 shows a comparison of hub and
fuse'laoe vibrations for the one-and two-rev-update configurations after
40 revs. Both hub vibration and fuselage vibrations show that the one-
rev-update configuration has overall lower vibrations than the two-rev-
update configuration, whereas the opposite would be expected since the
vibration transient effects on the measurement harmonic analysis would
be minimized with longer time between updates. This result is partially
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due to half as many updates being performed for the 2-rev-update configuration;
but the important point is that the controller configuration with a one-rev-
update time can tolerate errors in the harmonic analysis due to transient
vibration response to control inputs and converges quickly to an effective
controller solution.
Effect of Limited Ae Between Updates - An important aspect of the
controller configuration is the AO limiter. As previously d ,1scussed in
Section 4.3, one reason for limiting the change in higher harmonic control
at each update is to stay within the potential hardware limitations of
the swashplate actuators. It is also intuitively obvious that the magnitude
of a vi l-ratory transient response is proportional to the magnitude of the
Ae change so the accuracy of the harmonic analysis of the measurements
could also be affected. Another , possible impact of Ae is related to the
nonlinearity of the relationship between vibrations and HHC amplitudes.
Since the controller is linearizing this relationship over the perturbation
range of Ae for each rev, it could be necessary to limit Ae updates to
provide a better linear estimate, depending upon the severity of the non-
linearity.
To address the effect of limited Ae between updates, the controller
configuration was modified to allow a maximum of 0.2 degree for ,e between
updates, compared to the baseline configuration value of 0.1 degree. The
G-400 simulation results are shown in Figure 4.22. The vibration perfor-
mance index has the characteristic abrupt decrease a fter the controller
is activated at rev 4, and by rev 20 J has been reduced by about 90 per-
cent. This result for J compares well to the result shown in Figure 4.6
for Ac limit of 0.1 degree. However there are large differences in the
time history higher harmonic control inputs. Comparing the 3/rev higher
harmonic pitch results in Figures 4.6 and 4.22 the 0.2 degree Ae limiter
allows the desired amplitude (about I Degree) to be reached more quickly
,;han the 0.1 degree Ae limiter but after rev 20 there are significant
excursions in the 3/rev input for the 0.2 degree Ae limiter case. The
5/rev input in Figure 4.22 also shows significant excursions with time.
This result indicates controller sensitivity to the magnitude of the Ae
limiter during a transient which could affect controller performance during
a maneuver.
it is believed that these excursions in control inputs are due to the
controller attempting to further imporve its performance after rev 20 while
the sensitivities of the vibrations to control inputs are decreasing non-
linearly. The decreased sensitivity is demonstrated by the small change in
J after rev 30 with large changes in control inputs, compared to large
reductions in J after rev 4 with comparable control inputs. The nonlinearity
causes changes in the T-matrix that require identification and tracking,
but this can be adequately accounted for if the , rj limiter is appropriately
chosen and the controller identification algorithms are sensitized by R and
Q in Equations (4.9) through (4.12) for such nonlinear chan ges. In other
words, depending upon the severity of the nonlinearity, it takes a judicious
selection of AO LIM to set the maximum range of linearization plus a selection
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of Q and R to attenuate or amplify the Kalman gain in the identification
algorithms for proper T-matrix tracking because the controller will perform
only as good as it tracks and identifies the T-matrix. At first glance it
might seem that small oe LIM and high Kalman gain authority are desirable
for nonlinear situations. But high Kalman gain to allow for quick tracking
could cause controller skittishness or instability because of amplified
T-matrix errors, and small ee A IM restricts vibration reduction capability
in transients and maneuvers where high rates of control input may be required.
Figure 4.22 shows the controller is stable for a .2 degree es limiter, how-
ever the controller configuration on a fuli scale implementation will probably
be specifically tailored to provide adequate vibrat i on performance for the
nonlinear system and also acceptable performance for transients and maneuvers.
Figure 4.23 compares the level of vibration for the hub and fuselage com-
ponents at rev 40 for the 0.1 degree and 0.2 degree oe limiter cases. Both
hub and fuselage vibrations are nearly the same after 40 revs and the higher
harmonic control angles required are about the same.
In summary, the convergent solution of the vibration controller is
unaffected by the magnitude of the oe limiter up to 0.2 degrees; but
there is a significant effect on the transient response of the controller
after it is activated. It seems that the 0.1 degree oe limit is better
than 0.2 degree for smoothing the vibration controller transient response.
The suspected source of the controller sensitively to oe is the nonlinearity
of the vibration response to control inputs. This area should be investi-
gated more thoroughly to understand the phenomena involved since it affects
controller performance, stability and can impact on the controller con-
figuration.
Effect of Signal Noise - An important consideration in the develop-
ment and evaluation of the vibration controller is performance in the
presence of signal ;poise. Certainly there will be noise on the accelera-
meter measurements, and this noise will affect the quality of the harmonic
analysis of the vibrations. The impact of this will be erroneous iden-
tification of the T-matrix and ultimately non-optimal higher harmonic
control inputs. For large values of noise to signal ratio, even the
stability of the controller is in question because the controller perform-
ance and stability is highly dependent on the identification of the T-matrix.
To evaluate the tolerance of the vibration controller to signal noise,
varying levels of noise were added to the vibration measurements in the G-400
simulation to purrosely introduce errors in the controller parameter identi-
fication and tracking algorithms. The noise was input as random (Gaussian)
discrete 4/rev noise in terms of noise to signal ratio. The noise was added
to each of the vibrations after the harmonic analysis.
Signal noise is usually considered white noise but the high pass-low
pass filter previously discussed in Section 4.3 should remove all freq-
uencies of noise except at 4/rev. Therefore the definition of noise to
signal ratio used here is more stringent than the normal definition in that
the noise level amplitude is at 4/rev instead of the combined amplitudes of
all noise frequencies.
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To simulate the noisy signals, the G-400 simulation was run as pre-
viously described with the controller activated at rev 4. Five different
levels of noise to signal ratio were input and the results are shown in
Fig. 4.24. The time variation of the v ibration performance index is shown
`or the 5 cases and can be compared to the baseline controller results for
no noise on the signal. As the noise level increases there are increasingly
more perturbations in J with time although for noise levels up to 15 per-
cent the performance index has smoothly converged. When the noise level is
increased to 20 percent, the controller performance has seriously deteri-
orated; in fact, the vibration levels are increased with the controller
over the baseline level at rev 4, and the stability of the controller is in
question. It can be concluded from these results that the vibration con-
troller is tolerant of noise levels up to 15 percent of the signal amplitude.
This result is important for two reasons. First, the controller behaved
smoothly with 15 percent noise for large vibration levels (rev 5 to 10) when
it was initially activated. This is significant for T-matrix identification
and tracking because the level of random vibration for 15 percent noise is
equivalent to that controlled by .15 degrees of higher harmonic control
(about 1 degree is required for the baseline case to reach the optimum as in
Figure 4.7). But the control update has been restricted to .1 degree per
rev by the oe limiter so that the random vibration levels due to noise are
larger than the vibration control authority from rev to rev. Even under
these conditions the controller demonstrated the capability to identify and
track the matrix to reach the optimum solution. Second, accelerameter
noise is on the order of 1% to 2% noise to signal ratio for properly shielded
cables so the demonstrated theoretical noise tolerance is for a noise level
well above that to be expected from the actual hardware.
Figure 4.25 shows how the 15 percent noise level affected the indi-
vidual vibration components at the hub and also in the fuselage at rev 40.
The results with noise are compared to the baseline controller results with
no signal noise. Referiiig to the hub vibration results, there is nearly no
difference between the no noise and 15 percent noise cases. This is also
true for the fuselage vibrations except for the unweighted nose vertical
vibration which has increased by .35g for the 15 percent noise case. In
summary the vibration controller shows good tolerance to noise levels up to
15 percc-iit and no problems due to signal noise can be anticipated for
actual hardware implementation.
4.6.2	 Parametric Studies
The previous section investigated the characteristics of the vibration
controller at a representative 150 kn high speed flight condition. The
controller has been optimized based on those results. The performance of
the controller is further evaluated in this section at several operating
conditions including variations in airspeed, rotor speed and gross weight.
The generality of the controller in terms of its applicability to various
helicopters with different disc loading, blade loading, structural dynamics
(i.e. airframe and blade natural frequencies) and rotor types is also ex-
plored.
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A summary of the sixteen conditions analyzed is presented in Table 4.5.
Case 1 is the baseline 150 kn condition that has been explored thoroughly in
Section 4.6.1. Cases 2, 3 and 4 are the airspeed variation from 120 kn
through transition, 30 kn, to hover: Constant inflow has been used for
cases 1 and 2 to simplify the calculation. Variable inflow is used for
transition and hover cases since at these conditions variable inflow is
expected to be the major source of higher harmonic airloads. To check the
effect of variable inflow on the baseline case, case 5 is presented. In
these applications, the variable inflow is calculated just for the initial
trim condition and is not updated with control changes. Cases 6 and 7 are
for maximum and minimum gross weights, respectively, both at 150 kn. Varia-
tion in tip speed is examined in case 8. Blade loading and disc loading
variations are examined in terms of blade chord and radius changes, cases 9
and 10. Case 11 examines the effect of the blade natural frequencies, with
the flatwise mode frequency changed from less than 3/rev to 3.5/rev to alter
the phase of blade dynamic response to the 3/rev airloads, while at the same
time, the torsional mode frequency is moved to exactly 3/rev for possible
load amplification at input higher harmonic control frequency. Case 12
examines the airframe dynamic response effect by arbitrary moving an airframe
mode frequency closer to 4/rev such that the amplification factor is doubled.
Cases 13 through 16 are an airspeed sweep for a hingeless rotor BLACK HAWK.
A more detailed definition of the hingeless rotor system can be found in
Section 5.1. Since the prime source of vibration for a hingeless rotor is
the hub moment, a departure from the hub inplane forces of the articulated
rotor system, this is a stringent test of the applicability of the vibration
controller which is designed by using an articulated rotor as a baseline.
To test the adaptability of the vibration controller, the initial T-
matrix used for all the cases shown in Table 4.5 is the same as that for the
150 kn baseline case. It will be shown that the controller exhibits excellent
adaptability resulting in good vibration reduction for all the cases.
The results of the parametric studies are presented in Figures 4.26
through 4.40. Each figure is made up of three parts. The first part (a)
presents the 4/rev fuselage vibrations at the six sensor locations with and
without the controller, the 4/rev hub vibrations in three translational and
three rotational directions and the 3/rev, 4/rev and 5/rev higher harmonic
pitch controls required of the controller. The second part (b) shows the
radial variation of the blade vibratory (one-half peak-to-peak) flatwise,
edgewise, and torsional bending moments with and without the controller.
The third part illustrates the harmonic components of the vibratory root
flatwise moment, the peak edgewise moment and the root torsional moment with
and without the controller. The root flatwise and torsional moments are
defined at 9% radius for the a-ticulated rotor cases (number 1 through 12 in
Table 4.5) and at 11% radius for the hingeless rotor cases (number 13 through
16). The peak edgewise bending moment occurs between 24 and 53°j radius for
the articulated rotor and at the blade root or 11% radius for the hingeless
rotor.
Effect of Forward Speed - The effect of forward speed variations on the
performance of the higher harmonic controller can be seen from a comparison
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of the baseline 150 kn configuration (discussed in Section 4.6.1, Figures
4.7, 4.13 and 4.14) with the results at 120 kn, 30 kn and in hover shown in
Figures 4.26, 4.27, and 4.28 respectively. Variable inflow is utilized for
the 30 kn and hover conditions in an attempt to model more accurately the
inflow field experienced by the rotor. The intersection of the blade tip
vortices with the following rotor blade is more pronounced as forward speed
is reduced. It is seen that the controller is very effective in reducing
both hub and fuselage vibrations at different forward speeds. At 120 knots,
about ? degree of higher harmonic pitch controls at 3/rev, 4/rev and 5/rev
are required for vibration reduction. The controller requirements are less
stringent as forward speed is decreased due to the corresponding decrease in
the magnitude of the higher harmonic blade loads which are transmitted to
the rotor hub. The important fact that is emphasized again is that the
initial transfer matrix between vibrations and higher harmonic pitch developed
for the baseline configuration at 150 kn has been used as the initial T-
matirx for all the cases presented in this section. Although the final T-
matrices as identified by the controller at different forward speeds are
quite different, the controller is able to identify them correctly using the
common initial T-matrix. For an example, Table 4.6 lists the final T-matrix
identified by the controller for the 120-knot case. This transfer matrix
is quite different from that for the baseline case shown in Figure 4.11.
Thus, it is shown that the vibration controller is quite adaptive in its
application at different forward speeds. Fuselage vibrations at the five
weighted sensor locations are all below .Ig in the speed range from hover to
150 knots. The rotor hub vibrations are all below .8g at 150 kn and .3g at
lower forward speeds.
The effect of th;: vibration controller on the blade bending moments has
already been discussed in Section 4.6.1. As forward speed is lowered, the
increases in blade bending moments associated with application of the
controller are reduced. In hover, however, the presence of higher harmonic
pitch controls results in small blade vibratory moments which are made up
mostly of 4/rev and 5/rev harmon ; cs, as seen from Figure 4.28(c).
In summary, the results from the airspeed parametric study-show that:
(1) with the controller optimized at 150 kn, excellent vibration reduction is
achieved at lower airspeeds where the vibratory rotor hub loads are lower,
(2) the controller operation is satisfactory at conditions where vibration
reduction is not required (hover), (3) only modest increases in rotor blade
loads occur due to higher harmonic control over the airspeed range from
hover to 150 kn and (4) the maximum higher harmonic control inputs occur at
the most highly loaded condition, 150 kn.
Effect of Variable Inflow - The vibration controller performance was
investigated for the baseline rotor configuration using variable inflow.
The analytical results using variable inflow are shown in Figure 4.29. The
reductions in the hub and fuselage vibrations obtained with the controller,
while substantial, are not as great as those predicted for the baseline case
with constant inflow from Figure 4.7. The weighted fuselage vibrations are
all below .2g. One important difference between the two inflow conditions
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is the amount of higher harmonic pitch necessary for optimum controller
perfonnance: the variable inflow model requires about one degree less 3/rev
cyclic pitch with a corresponding increase in 4/rev cyclic pitch.
For the analytical model incorporating variable inflow substantial
increases in blade vibratory edgewise and flatwise bending moments accompany
the higher harmonic control inputs, Figure 4.29(b). These increases in
blade moments are caused primarily by 6, 7 and 8/rev responses, Figure
4.29(c), which are the result of interharmonic coupling. Interharmonic
coupling is the mechanism by which airloads are generated at harmonic fre-
quencies greater than the HHC input frequencies. These airloads result rMom
the product of the 3, 4 and 5/rev HHC pitch motions and 1, 2 and 3/rev
velocities. The validity of the higher harmonic responses represents an
area for further study. The aerodynamic model certainly must be scrutinized
as well as the structural model of the blade.
These predictions of substantially higher blade loads appear on the
surface to contradict model test results reported in Reference 1. The model
tests however did not include 5/rev HHC inputs and the higher blade bending
modes (from 3rd flatwise up) are in excess of 8/rev. These two factors
minimize both the magnitude of the excitation and the responsiveness of the
blade. If, however, these higher harmonic blade loads are found to be real,
they will certainly be a significant design factor for either the rotor or
the controller or both.
There are several other important points suggested by the results of
this case. First, the weighting of the fuselage vibration is probably not
an optimum for the particular combination of hub loads associated with this
analytical model. Just as several combinations of weightings had to be
explored to find the optimum for the baseline configuration, so it should be
expected that lower fuselage vibration could be achieved here with a modi-
fication in weighting. Second, force vectoral cancellation is the probable
mechanism responsible for the reduction in hub vibration. Force vectoral
cancellation occurs when the magnitude and phase of the rotating 3/rev and
5/rev hub loads are adjusted to minimize the 4/rev nonrotating system loads.
It is not necessary that the magnitudes of either the 3/rev or 5/rev loads
be reduced, only that they be phased properly. It is quite possible that
the 3/rev and 5/rev loads will actually be increased by the HNC inputs. For
this case it appears that the rotating 5/rev load has been increased and the
3/rev load left unchanged to produce a decrease in the resolved (Fixed
system) 4/rev longitudinal and lateral loads. This obviously can not be
considered a generally acceptable procedure and implies that weighted
rotating system loads may be a required contribution to the performance
index to kee p blade loads within limits. A third observation from the
results of this case is that favorable fuselage rosponse vectoral cancel-
lation from the rotor hub to the cockpit and cabin hai played a role in
reducing vibration. This mechanism is reflected by the presence of low
fuselage vi pration and higher hub vibration. Fina'l'e, it is possible for
this case, that a local nonlinear minimum (of the performance index) has
been reached rather than a true minimum.
7J
Effect of Gross Weight - The effectiveness of the higher harmonic
controller in reducing aircraft vibrations was investigated as a function of
aircraft gross weight. The results are presented in Figure 4.30 for maximum
gross weight, an increase of 23 percent over the baseline, and in Figure
4.31 for minimum gross weight, a decrease of 20 percent. These results can
be compared to the baseline gross weight results in Figures 4.7, 4.13 and
4.14. It is seen that higher levels of vibration occur in both the rotor hub
and the fuselage sensor locations with an increase in gross weight; this is a
direct result of the increase in hub loads corresponding to a greater rotor
disc loading. The controller is effective in reducing both hub and fuselage
vibrations at all gross weights. The fuselage vibrations are all below .07
for the low gross weight, .10 for the baseline gross weight and below .30
for the high gross weight. A similar trend is evident for the hub vibra-
tions. The higher harmonic pitch controls required for all three gross
weights are well within one degree.
A comparison of the blade vibratory moments at different gross weights
show that the increases in moments due to the vibration controller are lower
as gross weight is increased. The peak edgewise moment and the root flatwise
moment are actually lowered with the controller activated at the highest
gross weight. The increases in blade moments at minimum gross weight are
caused by 6/rev and 7/rev responses due to interharmonic coupling.
The conclusions from the gross weight parametric study in many ways
mirror the conclusions from Case No. 5 (baseline with variable inflow).
Interharmonic coupling is evident in the results. Force vectoral can-
cellation has clearly played a significant role in minimizing fuselage
vibration. In Case No. 6 (maximum GW) cancellation of 3, 4 and 5/rev
rotating loads to reduce 4/rev stationary system loads is implied since
the blade root loads at these harmonics are not substantially reduced.
Response vectoral cancellation from the hub to the fuselage sensor location
is also suggested by the relatively high hub vibration levels. Because of
the high hub vibration levels and the modest higher harmonic control inputs
it is also suspected that a Nonlinear local solution has been reached by
the conrolier rather than a true minimum. One final observation is offered
at this point. For all conditions wh =ich represent reduced vibratory load-
ing (i.e. lower airspeed & GW) compared to the baseline condition at which
the controller was optimized, the fuselage vibration reductions have been
better than the baseline. For all conditions which are more severe (variF.-
ble inflow, higher GW), the vibration reductions have been worse than the
baseline. If this generalization holds, than the controller need only be
optimized for one (appropriately severe) design condition to insure satis-
factory performance for the helicopter flight envelope.
Effect of Rotor Speed - [he rotor speed of the baseline aircraft con-
figuration was increased by 10 percent to evaluate its effect on the higher
harmonic controller performance_. The results, which are shown in figure
4.32, indicate that the controller is slightly more effective at the over-
speed condition. It reduces the vibration levels of the rotor hub and of
the fuselage sensor locations including the nose vertical. The higher
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harmonic pitch amplitudes are all smaller than 'thc- baseline values since the
vibration magnitudes without the controller are lower to start with. Lower
vibrations can be expected from a comparison of the blade vibratory bending
moments from Figures 4.13 and 4.32(b) which show a reduction in all three
bending moments at the higher rotor speed condition. The lower bending
moments result from operation of the blade airfoil sections at lower angles
of attack. Since the airfoil section lift curve slope increases with Mach
number, the airfoil can generate the same lift at a lower angle of attack
resulting in lower higher harmonic blade loads. Activating the controller
results in lower blade bending moments for the overspeed rotor condition
as is the case for the baseline configuration. From an inspection of
Figures 4.14 and 4.32(c), it is found that the 4/rev and 5/rev harmonic
components of all three bending moments are lower for the overspeed con-
dition resulting in the overall reduction of the vibratory moments. The
effect of the vibration controller on the individual harmonic components
of the blade moments is the same at the two rotor speeds.
Effect of Blade Loading - The influence of blade loading is studied
by examining the effect of uniformly reducing blade chord by 10°.. The hub
and fuselage vibration levels and higher harmonic pitch requirements are
shown in Figure 4.33(a). As it did for previous cases, the controller
effectively reduces weighted fuselage vibration levels. Consistent with
results in Section 4.6.1, -it is anticipated that a slightly different
weighting function could reduce longitudinal vibration further without
compromising vertical and lateral levels. Hub vibration levels are only
reduced to about 50`; of their values without HHC indicating a significant
degree of fuselage modal response cancellation is implicit in the vibra-
tion solution. This conclusion is substantiated by the relatively low
higher harmonic control inputs.
Figure 4.33(b) showa- that blade edgewise and flatwise leads are
increased substantially by the HHC inputs. F ; qure 4.33(c) suggest the cause
is increases in nearly all harmonic responses. As was discussed for case No.
5, the cancellation of "/rev and 5/rev rotating hub loads is responsible for
lower 4/rev nonratating hub loads in the face cf higher rotating system
loads. This case reiterates the need to devise a performance index parameter
which will impose blade loads constraints on the vibration solution.
Effect of Blade Radius - To study the effect of disc loading, the rotor
blade radius was reduced by 10 percent. The blade natural, uncoupled flat-
wise, edgewise and torsional frequencies and mode shapes were recalcula`?d
and are listed below.
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Mode	 Frequency/Rotor Speed
Flatwise	 1	 1.01
	
2	 2.83
	
3	 5.00
	
w	 7.74
Edgewise	 1	 0.28
	
2	 4.50
	
Torsional 1
	
3.86
A comparison with the baseline rotor configuration frequencies, which
were discussed in Section 4.5.1, shows tnat all the blade frequencies are
lower for the 90 percent rotor radius configuration.
The vibrations of the hub and fuselage are shown in Figure 4.34(a).
Again the controller is very effective in reducing the vibration levels. For
this case the reduction in hub vibration is of the same order as that of the
fuselage suggesting pure vibratory load reduction as the fuselage vibration
reduction mechanism rather that modal response cancellation. Blade loads are
shown in Figures 4.34(b) and (c). The increased values of the HHC inputs are
reflected by higher blade torsional loads. Edgewise load increases are
caused primarily by 7 and 8/rev responses.
Effect of Blade Natural Frequencies - The effect of a different
combination of the blade natural frequencies on the performance character-
istics of the higher harmonic controller was analyzed. The flatwise mode
frequencies were shifted from one side of the dominant excitation frequency
to the opposite side in order to change the phase of the modal response by
180 degree. The torsion mode was placed at 3/rev to be ir, resonance with a
major excitation. This case was judged to be a fair test of the adaptive
features of the controller with respect to rotor blade dynamics. The second
flatwise frequency was increased from 2.85/rev to 3.5/rev and the torsional
frequency was lowered from 4.22/rev to 3/rev. The analytical results are
presented in Figure 4.35. The controller is quite effective in reducing the
vibrations at all the points investigated; the weighted fuselage vibrations
are all below .16g. The higher harmonic pitch controls required to minimize
the aircraft vibrations are between 'Z to 1 de g ree higher than the correspond-
ing baseline values.
The spanwise and edgewise blade moments are increased by the HHC inputs,
Figure 4.35(b).	 In this case, the principal causes are inrrea--ed 1 and 2/rev
responses resulting from interharmonic coupling and higher 3 and 4/rev re-
sponses, Figure 4.35(c).
Effect of Fuselage Frequency - The six flexible fuselage modes dis-
cussed in Section 4.5.1 have been used throughout this parametric study.
These modes were chosen because their natural frequencies are close to the
4/rev excitation -frequency. In this section, the fifth fuselage modal
frequency (second vertical) was increased from 15.30 Hz (corresponding to
82
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3.56/rev) to 16.17 Hz (corresponding to 3.76/rev). The increased fuselage
frequency results in doubling the amplification factor of that mode for the
baseline value. The results are presented in Figure 4.36.
As expected, the vibration levels transmitted to the six fuselage
sensor locations are all increased, especially the vertical components
(compare Figures 4.7 and 4.36(a)). The hub vibrations show a slight in-
crease in vibration. With the controller activated the fuselage vibrations
are reduced by the same order as they have been throughout the parametric
studies. Since the hub vibration levels are relative high, considerable
fuselage response cancellation is involved in the fuselage vibration
solution. The higher harmonic pitch requirements are of the same order
as the baseline case.
Again, the blade flatwise and edgewise moments are increased by the
controller, Figure 4.36(b), and again the cause is interharmonic coupling,
Figure 4.36(c).
Effect of Rotor Type - Up to this point, all the rotor configurations
investigated cases 1 through 12 in Table 4.5) were for an articulated
rotor. It was found that in all cases the vibration controller was effective
in reducing both rotor hub and fuselage vibrations. Its applicability to an
hingeless rotor is investigated in this section.
Tne soft-inplane hingeless rotor configuration chosen is the same for
the gust alleviation controller design discussed in Section 5.1. The
important blade first flatwise and edgewise mode frequencies are 1.088/rev
an ,' 0.7/rev respectively.
Four flight conditions were analyzed: trimmed level flight at 150,
120 and 30 knots and hover (cases 13 through 16 in Table 4.5). As for the
articulated rotor (cases 3 and 4), variable inflow was utilized at 30 knots
and in hover for the hingeless rotor (cases 15 and 16). 	 the analytical
results are presented in Figures 4.37 through 4.40 and can be compared
to the articulated rotor results at the same flight conditions from Figures
4.7, 4.13 and 4.14 at 150 knots and 4.26 through 4.28 at 120 knots, 30 knots
and in hover respectively.
The analytical results indicate that the vibration controller can be
successfully applied to an hingeless rotor to reduce the rotor hub and
fuselage vibrations. It is again pointed out that the transfer matrix
between vibrations and higher harmonic cyclic pitch (the T-matrix) origi-
nally developed for the baseline configuration (articulated rotor at 150
knots) was used as the initial T-matrix in the evaluation of the vibration
controller performance as applied to a hingeless rotor at various forward
speeds.	 This is further substantiation of the ability of the controller
to be self adaptive in determining the correct transfer matrix. Tne vibra-
tion reductions for the hingeless rotor over the airspeed range from 0 to
150 kn are comparable to the red-coons achieved with the articulated rotor
over the same airspeed range; .e. of the order of 80 to 90%. HHC pitch
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inputs are also of the same order as for the articulated rotor. Hub vibra-
tion levels are reduced substantially indicating that fuselage response
cancellation is not the major factor in the vibration solution. kotor blade
loads are not increased significantly; in fact at 150 kn they are actually
decreased. This, of course, suggests that harmonic force cancellation from
rotating to fixed systems is not significant in the solution. The harmonics
of blade loads also show that for this hingeless rotor interharmonic coupl-
ing effects are minimal.
Summary of Parametric Studies - From the results of the parametric
studies the following conclusions can be drawn relative to the self-adaptive
higher harmonic control system. The system is very effective and relatively
insensitive to flight condition, rotor loading and rotor configuration.
Good to excellent fuselage vibration reductions are achieved for variations
in airspeed, rotor speed, disc loading, blade loading, blade frequencies,
fuselage frequencies and rotor type. Figure 4.41 summarizes the controiler
effect over the airspeed range and Figure 4.42 summarizes the controller
performance using percent reduction of pilot vertical vibration as an
indicator for various parameters studied. Figure 4.42 also show that higher
harmonic control input requirements are fairly modest (of the order of one
degree at 3, 4 and 5/rev) for ail conditions studied.
A possible generalization on relative effectiveness of the controller
has emerged. That is, the effectiveness of the controller -is improved for
all conditions which represent less severe higher harmonic (vibration) load-
ing than the condition at which the controller was optimized. This tendency
suggests that a single design condition may suffice for configuring the
controller in a helicopter application. Some optimization of the fuselage
vibration weighting function will probably be required to achieve a satis-
factory overall vibration environment in the three axes.
Fuselage vibration reduction is achieved by two mechanisms. The first
mechanism is when all hub vibratory loads are reduced by the HHC inputs
resulting in comparable (and linearly dependent) reductions in hub and
fuselage vibrations. The second mechanism involves vibration reduction
through fuselage response vectoral cancellation. In this case, hub loads
are not necessarily reduced by an amount comparable to the fuselage vibra-
tions. Rather the several orthogonal hub loads are adjusted in magnitude
and phase by the controller to produce fuselage modal responses which cancel
each other to produce low vibration. This condition is manifested by
simultaneous low cockpit and cabin vibration and relatively higher hub
vibration.
A hub load cancellation mechanism was also revealed by the parametric
study. The magnitude and phase of rotating system hub loads at 3/rev and
5/rev are adjusted by the controller to produce lower nonrotating vibratory
(4/rev) hub loads. For.this case blade loads at 3/rev and 5/rev can be
increased. Another mechanism affecting blade loads, which was discussed in
Section 4.6.1, and which surfaced repeatedly during the parametric studies
91
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is interharmonic coupling. Interharmnic coupling generates blade responses
at ` +quencies which are + 1, 2 and 3/rev separated from the HHC inputs.
These blade responses occur because the airload is the product of harmonic
velocities at 1, 2 and 3/rev and HK pitch inputs at 3, 4 and 5/rev. The
location of higher rotor blade mode natural frequencies becomes a consid-
eration because the interharmonic coupling causes significant excitations at
higher frequencies that are not commonly encountered with a standard heli-
copter control system. Future work should address the formulation of an
appropriate parameter for the performance index which will limit blade load
increases due to rotating to stationary system force cancellation and inter-
harmonic coupling.
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SECTION 5
GUST ALLEVIATION CONTROL
The helicopter gust alleviation problem offers a challenging control
problem because of the complex rotor-fuselage coupling. The ideal con-
troller should make use of rotor measurements to estimate the gust magnitude
since the rotor responds to gusts before the fuselage. The gust e'fects on
the fuselage can then be minimized through an optimal feedback mechanism.
The optimal formulations for helicopter hover control and gust alleviation
that have been investigated in the past have been continuous time con-
trollers, References 19, 23, 30 and 31. Thi_ report considers a linear
quadratic regulator sampled-data digital controller together with an one-
step-ahead predictor. A major advantage of a sampled-data control law is
the digital implementation of the large number of multiplications and
additions that are required in an optimal formulation.
The linear quadratic regulator (LQR) controller, deve;oped by using a
linearized helicopter model, was coupled to the nonlinear simulation,
GENHEL, to evaluate its effectiveness in gust alleviation. The controller
was then simplified through judicious choice of feedback parameters guided
by the experience gained in previous gust alleviation studies, References
18 and 19.
Of the two rotor types, articulated and hingeless, considered in the
vibration control study detailed in Section 4, only one is used in the gust
alleviation evaluation. The soft-inplane hingeless rotor configuration is
chosen because of ;ts high control moment capability consequently it is
more sensitive to gust disturbance and more difficult to achieve successful
gust alleviation.
5.1 Helicopter and Gust Model
A "hingeless" BLACK HAWK was selected for evaluation of the gust
alleviation control design. The rotor configuration was designed to be
compatible with the BLACK HAWK stability augmentation system and to be
representative of current hingeless rotor systems. The rotor parameters
defining the hingeless rotor system are summarized below.
Virtual Hinge Offset, a
	
9% = .736 m (2.415 ft)
Flapping Spring, Ks	65,250 N-m/rad (50,000 ft-lb/rad)
Lag Spring, K^	 505,949 N-m/rad (387,700 ft-lb/rad)
Lag Damping, K^	 3,915 N-m/rad/sec (3,000 ft-lb/rad/sec)
Rotating Flap Frequency, ws	 1.088/rev
Rotating Lag Frequency, w^	 .7/rev
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SECTION 5
GUST ALLEVIATION CONTROL
The helicopter gust alleviation problem offers a challenging control
problem because of the complex rotor-fuselage coupling. The ideal con-
troller should make use of rotor measurements to estimate the gust magnitude
since the rotor responds to gusts before the fuselage. The gust effects on
the fuselage can then be minimized through an optimal feedback mechanism.
The optimal formulations for helicopter hover control and gust alleviation
that have been investigated in the past have been continuous time con-
trollers, References 19, 23, 30 and 31. This report considers a linear
quadratic regulator sampled-data digital controller together with an one-
step-ahead predictor. A major advantage of a sampled-data control law is
the digital implementation of the large number of multiplications and
additions that are required in an optimal formulation.
The linear quadratic regulator (LQR) controller, deve;oped by using a
linearized helicopter model, was coupled to the nonlinear simulation,
GENHEL, to evaluate its effectiveness in gust alleviation. The controller
was then simplified through judicious choice of feedback parameters guided
by the experience gained in previous gust alleviation studies, References
18 and 19.
Of the two rotor types, articulated and hingeless, considered in the
vibration control study detailed in Section 4, only one is used in the gust
alleviation evaluation. The soft-inplane hingeless rotor configuration is
chosen because of Sts high control moment capability consequently it is
more sensitive to gust disturbance and more difficult to achieve successful
gust alleviation.
5.1 Helicopter and Gust Model
A "hingeless" BLACK HAWK was selected for evaluation of the gust
alleviation control design. The rotor configuration was designed to be
compatible with the BLACK HAWK stability augmentation system and to be
representative of current hingeless rotor systems. The rotor parameters
defining the hingeless rotor system are summarized below.
Virtual Hinge Offset, a
	 9% = .136 m (2.415 ft)
Flapping Spring, Ks	65,250 N-m/rad (50,000 ft-lb/rad)
Lag Spring, KC	505,949 N-m/rad (381,100 ft-lb/rad)
Lag Damping, K^	 3,915 N-m/rad/sec (3,000 ft-lb/rad/sec)
Rotating Flap Frequency, ms	 1.088/rev
Rotating Lag Frequency, w 	 .l/rev
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A system identification program was used to generate linear models of
the "hingeless" BLACK HAWK at three airspeed: hover, 41 m/s, and 77 m/s
(hover, 80 kn, 150 kn). The parameter identification routine analyzes
transient data produced by preprogrammed pulse inputs applied to the control
system. The program selects a linear model about some trim condition using
a forward, stepwise, multiple regression algorithm. The state variables
identified are two Euler angles, the six rigid body translational and
rotational rates resolved into body axes, the three flapping Fourier vari-
ables, three derivatives of these variables, rotor downwash, and the four
controls as follows: 0, e, u, v, w, p, q, r, aOF, a1F, biF, aOF + a 1F^ b1F^
", 6159 A1S• eo, eTH•
A linear model, matching the observed response, is deten lined by the
program for each state equation. Coefficients of only those !fates that are
most highly correlated with the response are calculated. These coefficients
are calculated using a least squares technique. This :stepwise regression
method differs from a conventional least squares algorithm in which coeffi-
cients would be estimated for all states (including those states that might
not be influential in producing the response). The matrixes defining the
"hingeiess" BLACK HAWK linear models are given in Tables 5.1, 5.2 and 5.3.
The gust model used for the linear helicopter model is an approximation
of the Dryden spectrum and consists of three orthogonal first order shaping
filters driven by zero mean white noise. The cut off frequency is 1.3
rad/sec and the intensity of the white driving noise is selected to give a
7.62m/s (25 ft/sec) rms gust amplitude in each axis. The three components
of gust are shown in Figure 5.1. All three components have peak values of
15.24 m/s (50 ft/sec) and rms values of approximately 7.62 m/s (25 ft/sec).
The time correlation of the gust is especially evident in the vertical
component, which is nearly totally in the positive direction. This biased
condition will be beneficial in illustrating the response improvement that
can be achieved when gust estimation and feedback is utilized in the con-
troller. The gust waveforms shown are statistically valid members of the
ensemble of gust waveforms. The ensemble average of all waveforms has zero
mean. Mcreover, due to ergodicity, one would expect any given member of
the ensemble to exhibit a time average value of zero, if it is observed for
an appropriate length of time. In fact, a thirty-second simulation has
shown that the time average value is much closer to zero. The gust model
used in the nonlinear GENHEL simulation is essentially the same model used by
Briczinski in Reference 19. As shown in Figure 5.2, the three components of
the gust model used in the nonlinear simulation is quite similar to those
shown in Figure 5.1 for the linear analysis. For the sake of expedience,
there was no attempt to make the gust models for the linear and nonlinear
analyses the same. In the nonlinear simulation, the gust components are
added to the helicopter inertial velocity components in order to calculate
the fuselage and rotor angles-of-attack. Following these calculations the
gust components are subtracted so that these gust velocities would not become
part of the inertial response of the helicopter.
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^, = agw + c9W
where	 x	 = 15x1
U	 = 4x1
W	 = 3x1
W	 = 3x1
a	 = 15x15
b	 = 15x4
c	 = 15x3
ag	 = 3x3
cg	 = 3x3
helicopter state vector
control vector
gust vector
independent white driving noise vector
helicopter dynamical matrix
control coupling matrix
gust coupling matrix
gust dynamical matrix
driving noise coupling matrix
(5.1)
(5.2)
x=ax+bu+cw
5.2 LQR Controller for Linearized Helicopter Model
Mathematical Formulation - The helicopter and gust dynamical equations
are
Defining
r 	 a c	 b-	 o
x = l	 A=	 6=	 C=
L w I	 o a 	 o	 cg
the augmented dynamical system becomes
x=Ax+Bu+Cw
X	 =	 13x1	 augmented state vector
A	 =	 18x18	 augmented dynamical matrix
B	 =	 18x4	 augmented control coupling matrix
C	 =	 180	 augmented driving noise coupling matrix
The continuous time output regulator problem is to determine
u(t) = -FcX(t)
which minimizes,
J = lim to Y'(t)QYY(t) + U'(t)RcU(t)] dt
T->-
where
(5.3)
(5.4)
(5.5)
(5.6)
(5.7)Y=HyX
Y	 =	 1x1	 minimized variable vector
H	 =	 1x18	 transformation matrix
Qy	=	 3x3	 positive semidefinite output weighting matrix
R^	 =	 4x4	 positive definite control weighting matrix
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In this case, the vector to be minimized is the state vector, and H is an
identity matrix. In general, however, Eq. (5.6) can be transformed y into a
state regulator problem by defining,
Qc = H'y Q  Hy	(5.8)
the cost function becomes,
J = lim Io _ X'(t)QcX(t) + U,(t)RcU(t)^ dt	 (5.9)
T - m
For sampled-data control the continuous time augmented system and cost
function given by Eqs. (5.4) and (5.9) are discretizzd using straight forward
integration
X ^ (i+1)A^ = AX(iA) + 3U (iA)	 (X(0) = X o )	 (5.'_0)
N
and
	
J = liml	
.,
E	 x'(iA)QX(iA) + X'(iA)SU(iA) + U'(iA)RU(iA)_^ (5.11)
N - w ^i =o
where	
-	 AA
A = e
B = to eATdT
o
Q = to	ceA'TQeATdT
S = 2 f  eA'`QcG(T,o)dT
R = f A r-R c+G'(T,o)Q cG(T,o)] dT
G(t,o) = to eATdT B
(5.12)
The white dri-Ino noise vector is not a factor in the controller design and
is therefore emitted in Eq. (5.10).
The cross term in Eq. (5.11) is eliminated by the control variable
transformation,
U(iA) = -FX(iA) + U(iA)	 (5.13)
with
F = R-1 
2-
(5.14)
The transformed state equation and cost function become,
X D i+1)Al = AX(iA) + BU(iA)	 (5.15)
J = lim Nr X'(iA)QX(iA) + U'(iA)RU(iA)l^ 	 (5.16)
N	 i = o	 J
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A 
	 ^
	 ^ 	
n
where	 A = A - BF
	 B = B	 Q = Q - SF	 R = R	 (5.17)
2
the sampled-data problem is this reduced to the discrete time regulator
problem of minimizing,
lim E rX'(i+l)QX(i+l)+U-(i)RU(i)" 	 (5.18)
N-+ CO i=o
A	 A-
subject to	 X(i+1) = AX(i)+BU(i)	 (X(0) = X O )	 (5.19)
Where the o notation has been omitted for clarity.
The solution is given by
A
U(i) _ -FX(i)
	
(5.20)
From Eqs. (5.14) and (5.20) Oe total gain is
F  = F + F	 (5.21)
A solution for Fexists if the pair ^ A, B' is stabilizable and -A, D!
with D'D = Q, is detectable. The solution is given by
F = (R+B'PB) -1 B'PA	 (5.22)
P = ^'P^+F'RF + Q	 (5.23)
A	 AA
	
= A - BF	 (5.24)
The full state vector required in the feedback law of Eq. (5.5) is not
directly available. Hence, the state must be estimated from the incomplete,
noisy measurement vector. Moreover, due to the accumulated time delays of
the numerical computations a state variable predictor must be used.
The discrete time equivalent of Eq. (5.4), including the white driving
noise, is
X(i+1) = AX(i)+BU(i)+W(i)
	
(5.25)
where W is a white noise sequence having a covariance that will produce
the same output variance for X(i+l) as the continuous unit variance white
noise function W produced on x(t). That is,
E t W(i)W-(i) J = QF
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j im	 E Ie'(i) Ee(i)}
i^
0
(5.29)
SAT
where	 QF = f e	 C C' eA^T dT	 (5.26)
0
The measurement equation is
Z(i) = HZX(i)+V(i)	 (5.27)
where
E^V(i)V m -' = R F	 (5.28)
The optimal predictor minimizes the expected value of the estimation error
where
e(i) = X(i) -X(i)	 (5.30)
and, i o = initial value of i.
The solution to the optimal predictor exists if 'A', H Z ' is stabilizable
and -A', D' ,	with DD' = QF , is detectable. The solution is
X(i+1) = AX(i) + g0(i) + FF Z(i)-H'ZX(i)^	 (5.31)
where X = 18x1 state estimate vector and the initial condition is
A
X(i o ) = E	 X(i o ) ► 	(5.32)
The gain F F is found by solving the asymptotic discrete Riccati equation,
F F = APH' Z (R F+H ZPH' Z ) -1	(5.33)
P = O v + F F R F F' F + Q F	 (5.34)
•	 ( = A-F FHZ	(5.35)
The matrix P = P' > 0 represents the steady-state variance matrix of the
error e(i).
The separation principle for linear quadratic gaussian systems allows
the calculations of feedback gains and predictor gains to be done independ-
ently. The complete closed loop stochastic regulator is shown in Figure
5.3.
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The closed loop system consists of the fifteenth order linearized
helicopter dynamics, a .01 second sampler, an 180 state variable predictor,
a 4x18 state feedback gain matrix and a control input hold. The helicopter
dynamics are driven by three orthogonal time correlated gust inputs.
The measurement system consists of noisy measurements of the body
attitudes, angular rates, coning angle and coning rate. Measurement errors
are 0.2 deg (deg/sec) for body attitudes (rates) and 0.5 deg (deg/sec) for
coning angle (rate).
Results - The sample data controller gains and the predictor gains are
given in Table 5.4. The discrete time closed loop eigenvalues are listed
in Table 5.5. Both the controller eigenvalues and the predictor ei^e,;values
are within the unit circle, thus indicating stability.
The closed loop system of Figure 5.3 was simulated on the UNiVAC 111b
computer for 1000 samples, giving a total run time of 10 seconds. The full
state feedback (including gust feedback) response of the fifteen helicopter
state variables for the 160 knot case is shown in Figures 5.4 and 5.5.
Good regulation is achieved in all the response modes. Other simulated
gust disturbances produced comparable results. Figure 5.6 compares the
pitch angle response for the open-loop, no-gust-feedback and full feedbacK
cond i tions. The rms response is 7 0 , 20 , and 0.80 , respectively, indicating
increasingly improved response. Although the no-gust-feedback controller
is an effective regulator, the addition of gust feedback provides an
additional 50a reduction in gust sensitivity. A possible disadvantage of
gust feedback is the noisier response of the state variables as can be
seen in Figure 5.6. Table 5.6 shows that nearly all the body state variables
benefit from gust feedback. It is also seen, from Table 5.6, that the
rotor state variables are more active when gust feedback is used. This is a
direct result of the controller attempting to minimize the gust effects on
the helicopter body by varying the rotor pitch.
For this simulation run, the unrestricted rotor control inputs, shown
in Figure 5.7 exceed the authority limits of the controller. The rms values
of these inputs are approximately 2.5, 1.3, 3.0 and 4.0 d,-;rees respectively
for collective, lateral cyclic, longitudinal cyclic and tail rotor pitch.
Clamping the inputs at their design limits resulted in increased gust sen-
sitivity on the body state variables as compared to Figure 5.4. Moreover
the nonlinear clamping action, although necessary as a last restort. destroys
the "optimality" of the controller. The proper method of reducing the
control input is to adjust the quadratic weighting matrices in Eq. (5.6).
Many choices of weighting matrices were evaluated, and a number of com-
binations were successful in keeping the input responses within their
authority limits. Of course, the penalty for the decreased input was in-
creased gust sensitivity. The original quadratic weights which gave the
response shown in Figure 5.4 were judged acceptable, despite the excessive
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Table 5.4-B: Predictor Gains
Measured Variables
m B p	 q r a0 a0
150 Knots
1.1-03 8.3-04 1.3-01	 1.1-03 2.1-04 9.2 .0 .{.8-06
a 2.3-44 9.7-03 1.8 . 03	 1.1 .48 -2.0-03 -1.0-03 -1.5-04
1.1-03 -9.6-04 2.1-01	 S.6-83 6.2-03 1.6-04 1.4xVy 4.4-03
	
2.6-M -7.3-N -3.7-04 2.6-
y
7 .1-03
- t.t
-).S-04
2-48 2.9-01	 1.1-61 1.8-48 -1.4-N - 1.1-
p 6.2 -0 -1.	 -v] 4 .1` • 11	 2.7-01 1.7-01 3.9-
-5.6-43
- 3.4-
q -4.9-04 6.803 2.9-61	 1.2-01 -2.7-01 -6.1-08
r	 a t.2 -♦
04
S -♦N 2 .9-^	 03-{ . 4 -6 0-43
•3.0-03
_61-1:20
-9
2.1-03 2.7-01al -1.	 -04 1.1-01 -8.9-01 9.S -4.0-03
bl
-1."I
-n
a 
0+ a
a. 04 1.1-03 -7 . 2-$i -2.i-3
0040 7.4-01
-
i:t
2^-4
i;;-0
61 -2.3-01 -S.0-0 3 9.01 1 1b l -].S-03 1.4 1.6.01 -2.7+0 3.9+0 -1.9-48 1.9040
a 1.9-03 -2.6-03 l.S-01 -4.1-03 3.6 -01 4.8-69 1.5 -01
WX 3.6-@2 -3.1-48 -9.6+.3-0100 6 -4.2+00 7.6-08 -9.1-01
kv 6.0-03 2.5-48 -1.0040 -8.0+01 6.3+08 -1.0-02 1."I
Wy 4.6-68 -1.061 -1.1+00 44-01 -1.2+04 6.3-01 3.1+N
80 Knots
9.9-03 -3.0-04 1.1-02 -2.3-03 6.6-04 7.6-04 -6.1-06
-2.9-04 9.6-03 -4.143	 a-S-03 -1.6-03 I.S-03 -1.8-04
2.6-03 -2.S-03 -1.5-02
	
1.1-02 -5.1-03 3.1-13 7.1-04
4.9-0] -3.1-03 1.2-02 -1.4-48 -6.0-02 -0.1-13 -S.7-04
-1.9-02 -1.4-02 -1.1-02 -5.3-02 2.1-03 -2. 7-48 -6.6-03
4.0-03 -1.9-03 9.9-01	 -2.2-01 -3.4-08 2.3-63 -8.4-03
-1.6-04 7 .6+3 -2.1-01	 9.3-08 3.3-02 1. 7 -03 -3.2-08
6.9-04 -1.7-03 4.)-0]	 4.6-01 +.1-91 -I3-03 -8.1-68
7.4-04 1.4-03 1.6-03
	
7.7-03 -1.8-03 6.5-03 l.9-02
- 7 .1-04 -4.1-04 1.9-02	 2.5-04 1.4-68 -3.5-03 3.6-03
7.4-04
-6.S-04 -4.7-48 iA-ft 1.4-01 -2.1-03 S.4-03
-2.2-04 3.5-04 -3.1-68 -1.1-68 -2.9-01 -3.0-48 1.8+00
-1.3-08 -1.5-03 2.0+00 -4.7 -01 - 5.4 -01 -9.4-03 7.0-48
7.7-63
-3.1-03 -6.3-01	 9.7-01 1.8+00 -2.t-M 4.2-01
3.3-03 5.4-03 1.6-01	 3.8-08 2.1-01 2.2-62 1.3-01
2.9-68 2.8-62 -8.64"	 1.9-01 -4.6+0 3.2-02 -4.0-01
2.6-02 -3.9-03 -23+40	 33+00 1.1041 1.7-01
3.9-68 4.4-W -I.S+N	 4.6-01 -S.4-01
1.9-2
9.1- 1.9+40
Hover
9.9-03 -2.0-04 1.4-02	 4.7-04 -1.1-^'_ -6.1-14 -1.0-04
-1.5-44 9.9-03 -3.6-03	 3.2-03 1.2-03 3.6-44 -1.0-04
-2.4-65 -S.7-03 -2.3-02 -2.8-03 1.3-31 -3.9-0S -3.6-04
5.7-03 -5.3-04 1.2-02	 1.1-02 -3.S-63 -2.4-04 -1.7-04
1.1-62 -3.4-03 1.3-02 -6.9-04 3.'R-02 -13-13 -1.9-63
S.1-03 -7.0-03 1.2-11
	 1.2-01 -1.1-01 -4.6-03 -2.S-68
-4.9-04
-3.4-04 S.4-0t
	 2.9-01 2.0-62 -S.0-84 -9.3-04
3.9-04 2.3-04 -1.2-01	 3. 4 -02 1.8-01 -9.4-03 -1.0-48
-6. 4 -64 3.4-04 -3.0-03
	 6.8-01 -1.6-63 3.1-03 1.1-48
5.8-04 1.4-03 9.1-04	 0-11 -1.1-03 3.8-43 -3.2-03
1.0-04 4.0-03 -1.3-01
	 -	 4-08 2.1-12 3.4-03 6.0-03
4.3-04 -1.3-04 8.4-03 -1.8-03 2.$-68 -2.6-68 1.1+N
-1.0-11 7.7-02 2.6040 -1.1+00 3.1-01 2.7-68 -3.9-01
1.4-01 -2.3+04 -1.8+0 2.4+01 3.1-1 6.8-01
-1.7-01 9.2-03 -1.0-01
	 -3.6-68 -1.6-01 6.6-68 ).0-01
-4.2-01 -S.S+N	 1.0.01 24+00 -3.3-11 -2.1-01
2.1-02 3.6-91
-6.6+04 - 7 .2+04 4.3+04 1.9-01
-34-02 -i.t-02 -i.S-01
	 6.5-01 -6.1-48 5.0-48 2.1.00
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Table 5.6 RMS Gust Sensitivity of Helicopter at 150 Ki,ot With and Without
Gust Feedback
(deg, deg/sec, it/sec)
Bodv Variable Full-FB No-Gust-FB Open Loop
0 1.2 2.0 13.0
e 0.7 1.5 8.0
P 1.3 1.5 10.0
q 0. 7 1.7 15.0
r 1.0 1.2 20.0
Vx 2.; 1.5 5.0
V 1.2 2.5 30.0
6.0 10.0 25.0
1.5 1.5 2.5
Rotor Variable
a0t 0.6 0.7 1.0
ali 2.0 1.3 1.2
b lf 0.4 0.4 0.4
a0 f 8.0 5.0 7.0
a lj 22.0 10.0 I	 10.0
b lf 22.0 8.0 8.0
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inputs, for the following reasons: (1) The 80 knot and hover conditions
gave considerably better (smaller) control inputs for the same gust dis-
turbance, as shown in Table 5.7; (2) The simulated gust magnitude is a worst
case condition; and (3) The high frequency content of the simulated gust
appears to be unduly pronounced, possibly caused by the digital similation
of the gust disturbance.
The effectivenss of the one-step-ahead predictor in estimating the
gust disturbance is shown in Figure 5.8. The estimation error for all
three components has a peak value of about 10 ft; i sec or 20% of the peak
gust magnitude. It was found that the gust estimation error increased
substantially when the coning angle and coning rate measurements were
removed.
The 80 knot and hove; cases were simulated using their respective
feedback and pi-^dictor gains. The results, given in Table 5.7, indicate
that the sampled data controller is effective in alleviating the effects of
gusts on the helicopter body at all three design speeds.
5.3 Gust Controller with Nonlinear Helicopter Model
The purpose of the nonlinear analysis was twofold. First was to
evaluate the performance of the optimal LQR feedback scheme d „ cussed in
Section 5.2 when interface with the honlinear GENHEL simulation. Second
was to improve and siriplify this design.
The Helicopter Flight Dynamics Model, GENHEL, is used to generate the
flight characteristics of single rotor helicopters with specified geometric,
aerodynamic, and mass properties. Trims and dynamic gust and control
response characteristics of the helicopters can be studied in level flight,
climb, autorotation, side-flight, rearward flight, and steady state maneuvers.
Helicopter stability derivatives can also be generated. The program has
been used extensively in the design of Sikorsky helicopters and compound
helicopters. The helicopter is represented in this program by a main
rotor, tail rotor, fuselage, tail surfaces, control system, and non-linear
engine/fuel control simulation, acted on by a simulated gust model. Output
forces and moments from each element are summed and used in the general
equations of motion to determine the aircraft motion or trim about the
standard aircraft axis system. A more detailed discussion of the math
model is available in Reference (32).
Nonlinear Analysis - LQR Feedback - The LQR feedback was simulated
both without limits and with the standard SAS limits. The addition of the
limits had little affect on the system performance.
In general, all of the optimal schemes produced a significant degree
of gust alleviation when compared with the basic aircraft with SAS.
Figures 5.9, 5.10, and 5.11 compare the transient response of the "hinge-
less" BLACK HAWK with SAS and with a typical LQR feedback at hover, 41 m/s,
and '7 m/s (hover, 80 kn, and 150 kn). In these and following figures
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Table 5.7 RMS Gust Sensitivity at 150 Kn, 90 Kn and Hover
(Full-State Feedback)
Body Variable 150 Knot 80 Knot Hover
m 1.2 0.4 0.3
B 0.7 0.3 0.5
v 1.3 1.0 1.5
q 0.7 0.5 0.3
r 1.0 1.0 1.2
VX 2.5 0.7 1.0
V .` 1.2 1.0 0.4
Vz 6.0 4.0 2.0
X 1.5 2.0 10.0
Rotor Variable
a0f 0.6 1.2 0.3
alf 2.0 2.0 0.5
b lf 0.4 0.6 0.3
a0f 8.0 10.0 5.0
a if 22.0 25.0 8.0
if 22.0 22.0 8.0
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GW 7461.7 kg ( 16450 Ib) 	 FSCG 9.07 m ( 357 ink
TIME, sec
.5
LOAD
FACTOR 0
A Nz,g's
.5
RMS LOAD
FACTOR O
A NzRMS•g's
-5
50 15
VERTICAL
GUST	 O O VELOCITY
V ZG	 ft/sec	 m/ set
-50 -15
25
ROLL
ATTITUDE 0
¢s,degrees
-25
251
PITCH
ATTITUDE O
fle, degrees
-25
25
LONGITUDINAL
CYCLIC 0
BIS •degrees
-25
25
COLLECTIVE
PITCH 0
801degrees
-25
TAS HOVER	 NR 100%
O	 2	 4	 6	 8	 10 O	 2	 4	 8	 8	 10
STANDARD SAS
	 LOR FEEDBACK
Figure 5.9 Time History Responses of the Simulated 'Hingeless" BLACK
HAWK with Standard SAS and LQR Feedback at Hover; Standard
Gross Weight, 100% NR.
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GW 7461.7 kg ( 16450 Ib(	 FSCG 9 07 m ( 357 in (
STANDARD SAS
	 LOR = EEDBACK
Figure 5.10 Time History Responses of the Simulated 'Hingeless' BLACK
HAWK with Standard SAS and LQR Feedback at 41 m/s (80 knots);
Standard Gross Weight, 100% NR'
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GW 7A61.7 kg ( 16450 Il	 FSCG 9.07 m ( 357 in)
TAS	 77 m/sec( 150 k (	 N R 100%
TIME, sec	 O	 2	 a	 6	 8	 10 O	 2	 a	 6	 a	 10
	
5	
T	 -	 f'w
LOAD	 -	 It
FACTOR	 0
FRI
A NZ,g•s	 -	 -
-.5
.5
RMS LOAD
FACTOR	 0
A Nzll s
-.5
50	 15	 1 1 1 1 L	 - i.
VERTICAL
	 *	 -	 -
GUST
VELOCITY 0	 O
V ZG	 Ft/sec on/sec
-50 _15i_
_	 •	 .^
	
25	 -	 -	 -
ROIL
ATTITUDE	 0
Qs,degrees
	-25	
_ y	
^• •^-r''
25
s
PITCH
ATTITUDE
	
0
0 degrees
1	 -25^^-«-
25
LONGITUDINAL
CYCLIC	 0 t
B ' s ,degrees
25
COLLECTIVE
PITCH
	 0
•	 @0,degrees	 -
	
-25	 -	 -	 -
STANDARD SAS	 LOR FEEDBACK
Figure 5.11 Time History Responses of the Simulated 	 ingel^­ss' BLACK:
HAWK with Standard SAS and LQR Feedback at 77 ml.- (1^: U Knots);
Standard Gross Weight, ?.00" N
1^1
showing time history data, oNZ represents the change in aircraft normal
load factor from the steady 1.0 g trim value. oN Z RMS is the continuous
root-mean-square value of oNZ. VZG is the component of gust velocity
transformed along the helicopter body z-direction and is shown to give some
indication of what the gust is doing during the time history. The helicopter
roll and pitch attitudes OB and eB are shown as well as the longitudinal
cyclic and collective p i tch angles B1S and eo. All of the figures use the
response of the helicopter with the conventional SAS as a baseline for
comparison. The transfer functions of the BLACK HAWK SAS are shown in
Table 5.8.
At all three airspeeds the reduction in maximum rms load factor was
approximately 50%. However, the reduction in the difference between
maximum and minimum load factor response was, in general, not nearly as
substantial. At both hover and high speed the reduction was only about
20%; at 41 m/s (80 kn) the reduction was 50%. Despite these apparent
improvements in gust response, the large peak-to-peak excursions in load
factor, small high-frequency oscillations in pitch and roll attitude and
load factor, and deviations from trim in roll attitude and heading suggest
that further improvement can be made.
Nonlinear Analysis - Suboptimal Controller - In this phase of the non-
linear analysis, a suboptimal controller was developed using the following
guidelines:
1) Reduce the complexity of the gust alleviation system.
2) Maintain or improve the good handling qualities of the baseline
aircraft.
3) Implement the feedback paths (load factor and angle of attack)
which were not available in the linear analysis due to the limita-
tions of the linear model.
4) Restrict the gust controller to operate within the authority and
rate limits of the standard SAS.
The complexity of the gust controller was reduced considerably by
eliminating those feedback paths that did not produce any noticeable degree
of gust alleviation and also any feedback paths that coupled two axes;
i.e., pitch attitude into yaw. Briczinski, as reported in Reference 19,
spent considerable time with GENHEL evaluating the effects of specific
gains on gust alleviation. His results were used to eliminate many of the
feedback gains. From the original 72 feedbacks, only 8 were retained and
of those, only coning angle and coning rate could not be measured directly
by standard aircraft sensors. A Kalman Filter similar to the filter used
in ttie Rotor State Feedback Study (Reference 18) was available in GENHEL to
estimate these states from blade flappinq data. The other states being fed
back (pitch and roll attitude, pitch, roll and yaw rate, and vertical
velocity) did not go through a Kalman filter but were used directly from
the GENHEL simulation with no filtering.
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Table 5.8 BLACK HAWK SAS Transfer Functions
Rate	 Lagged Rate	 Washout
B 1$
	 2.04	 7 S
q	 .425 + .150 *
	 2.04 S + 1	 7S + 1
A1S	 .996
p	
- -.065 - .032
	
.996 S + 1
eTR	 1.05	 2 S
r - .401 + .641 *
	 1.05 S + 1	 2 S + 1
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An autopilot type of feedback was implemented to stabilize the air-
craft about its trim point. Synchronized pitch and roll attitude feedback
provided the trim stabilization and pitch, roll and yaw rate feedback
provided damping. Synchronized heading feedback was added in the yaw
channel to improve the directional stability of the aircraft at and near
hover. Vertical velocity into collective increased the vertical damping of
the helicopter. The gains selected in pitch, roll and yaw are close to the
values used in the BLACK HAWK autopilot system.
The feedback paths added to provide gust alleviation were fuselage
angle of attack into pitch and load factor into collective. These new
paths, combined with the coning and coning rate feedback paths, and the
attitude and angular rate paths, constitute the suboptimal controller. To
simulate the authority and rate limits of the standard BLACK HAWK SAS, the
controller was limited to + 10% authority and + 100%/second rate.
Having established the basic form of the suboptimal controller, a
large number of transient response runs were made to optimize the gain
values of the controller. The gains values were iterated upon until the
greatest degree of gust alleviation was achieved at 77 meters/second (150
knots). During the iteration process, gain values were kept within prac-
tical limits and their effect on the aircraft handling qualities was
minimized. Following the optimization of the controller gains, the per-
formance of the system was checked at 41 m/s (80 knots) and hover. With
the exception of the angle of attack gain which was zeroed out in hover,
the controller performed very well with fixed gains. The final gains for
the suboptimal gust alleviation system are shown in Table 5.9.
Figures 5.12, 5.13 and 5.14 compare the transient response of the
"hingeless" BLACK HAWK with SAS and with the suboptimal controller at
hover, 41 m/s, and 71 m/s (hover, 80 kn, and :50 kn). The degree of gust
alleviation experienced at each airspeed is plotted in Figures 5.15, 5.16,
and 5.17. These charts also show the performance of the LQR feedback. At
the two higher airspeeds, the gust response alleviation with the suboptimal
controller was 70% or greater for either evaluation criterion. At hover
the reduction in peak-to-peak load factor response was only about 50Y, but
the reduction in maximum RMS load factor was still about 10%.
The suboptimal controller was also evaluated for two alternate gross
weights and a different rotor rpm, 5216.4 and 9162.7 Kg (11,500 and 20,200
lb) and 105% N R . The transients in Figures 5.18, 5.19, and 5.20 show that
the aircraft sensitivity to gusts changes with gross weight and rpm.
However, the degree of gust alleviation is nearly constant, as shown in
Figure 5.21.
Since the suboptimal gust controller was simulated with the same
limits as the standard SAS, the effect of the system on the aircraft
handling qualities should be minimal. The transients in Figure 5.22 show
the response of the aircraft to 10%, one second control pulses in pitch,
roll, and yaw with the standard SAS and with the suboptimal controller.
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Table 5.9 Suboptimal Gust Suppression Feedback Scheme
B1S	 =	 .60*DA+.30*q+.50 *8oy
A1S	 =	 -.095 *A 0 -.093 * p
go	 =	 . 202 * L VP + .20 * D ao + .005 * a o	 - 5.0 * 4 n 2
9T R	=	 .50 * a T + . 593 * r
All control are in degrees.
States are in degrees, degrees/second, and feet/second; except n E in g's.
For A V2 in m/sec, gain is .062.
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LOAD
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.5
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Figure 5.13 Time History Responses of the Simulated 'Hingeless' BLACK
HAWK with Standard SAS and Suboptimal Controller at 41 m/s
(80 Knots); Standard Gross Weight, 100% Nk.
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Figure 5.16 Gust Response Alleviation Experienced by Simulated 'Hingeless'
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These time histories show that the peak angular rate response of the air-
craft is only reduced slightly by the higher rate feedback gains of the
g ust controller. However, the load factor response to a collective pulse
is educed significantly by the controller, as shown in Figure 5.23.
Although not simulated, a small amount of collective feed forward could
easily compensate for the gust suppression feedback gains.
In summary, the suboptimal controller performed very well at various
gross weights, rotor rpm's and airspeeds with only one gain change (no
angle of attack feedback in hover). This indicates that the system is
adaptable to a wide range of helicopters. Some simulation work would be
required, however, to optimize the system gains for a particular aircraft.
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SECTION 6
IMPLEMENTATION REQUIREMENTS
A preliminary assessment of the hardware implementation requirements of
the vibration controller and the gust alleviation system has been made. Due
to the rapid change in computer technology and the dependency of the con-
troller system en the total aircraft system, the assessment has been made
in terms of the generic design requirements for HHC implementation.
6.1 Vibration Control System
HHC _Input Conf i guration - One of the areas where a significant amount of
development work will have to be done is the method used to apply the higher
harmonic control commands to the rotor system. During the preliminary hard-
ware assessment, four separate configurations were studied. These are as
follows:
1. Apply the HHC inputs to the control system before the primary servos
using secondary actuators.
2. Apply the HHC inputs directly to the primary servos by replacing the
present mechanical input servo valves with dual (mechanical/electrical)
input valves.
3. Apply the HHC inputs to the control system between the primary servos
and the stationary swashplate using secondary actuators either in
series or in parallel with the primary servos.
4. Apply the HHC inputs dir •ecLly to each rotor biade by installing a servo
between the rotating swashplate and the blade pitch horn.
These configurations are shown schematically in Figure 6.1. Each con-
figuration has its advantages and disadvantages.
The first configuration would be the safest because the basic rotor
control system would not be changed except for the frequency response char-
acteristics of the primary servos. Secondary, high frequency , , ctuators could
be installed between the mixer and the primary servo input linKS. Two
design issues which must be addressed are the effecL.^ of control system
flexibility on the high frequency signals and the possibility of the HHC
inputs feeding back to the cockpit control sticks.
The second configuration would be the simplest and least costly to
implemen t_. The only modifications to the control system would be changes to
the primary servos. New dual input servo valves and new hydraulic manifolds
would have to be built. The valve assemblies would nave one mechanical
input valve and two electrical input valves. The outputs of the two electro-
hydraulic servo valves would be monitored, either electronically or hydrau-
lically to provide a fail-safe operation. 	 This configuration would be
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Figure 6.1 HHC Input Configurations.
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ideal for most helicopters because the primary servos attach directly to
the swashplate. However, in the BLACK HAWK, this is not the case. In
fact, one control run from the primary servo output to the stationary
swashplate is over three feet long and goes through a walking beam and a
bellcrank. A shake test would be required to determine if the mechanical
properties of these control runs (flexibility, hysteresis, and deadband)
would allow the application of the HHC inputs at or before the primary
servos.
The third configuration would be better suited for the BLACK HAWK
because the separate HHC actuators could be installed downstream of the
primary servos. However, this arrangement would require the development
•	 of new high frequency servos which would have to sustain flight loads.
The fourth configuration is the most complex and has the most critical
failure mode. With the HHC servos replacing the pushrods between the
rotating swashplate and the rotor blades, safety-of-flight con , derations
are of the utmost importance. The only acceptable failure mode of the
servos would be to fail locked-up, in approximately the same position for
each actuator. Careful electrical and hydraulic design could provide this
characteristic.
Actuator Design Requirements - Detail design of the HHC actuators is
a function of input configuration chosen for implementation and the air-
craft chosen for installation. With the exception of the second input
configuration, a separate actuator must be designed to provide the higher
harmonic control inputs. A preliminary assessment of the actuator design
requirements has determined that the HHC servos would have the following
characteristics:
1. Hydraulically powered
2. Single power piston (flight demo only)
3. Dual electro-hydraulic servo valves
4. Electronic (digital) position feedback
5. Limited authority
Hydraulic power is required for the HHC actuators due to the energy
levels involved and the frequency response characteristics desired. In
order to apply the higher harmonic control commands to the rotor system,
the actuator must have adequate frequency response out to 25-30 Hz. Due to
transport lags in the servo, this requirement necessitates the use of a servo
valve with adequate response out to at least 40 Hz. At present flight
oualified hardware does riot exist that meets these requirements, but the
technology has been demonstrated experimentally.
Because the HHC actuators need only be fail-safe for a flight test
demonstration on an existing aircraft, a single power piston is sufficient.
The piston area is a function of input configuration.
	 If the actuatc,^s
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are upstream of the primaries servos (configuration 1), the loads would be
low and only a small piston area would be required. If the HHC actuators
are mounted between the primary servos and the stationary swashplate, the
power piston must be sized both to sustain normal flight loads and also to
overcome the swashplate and blade inertia and rotor airloads for 3P, 4P, and
5P inputs. The control loads associated with the application of HHC have
been estimated based on available BLACK HAWK control system frequency
response test data and results of the aeroelastic analysis. The maximum
increase in vibratory stationary control loads (primary servos) is approxi-
mately + 13345 N ( +
 3000 lb). This level corresponds to simultaneous one
degree inputs in the Longitudinal, lateral and collective control axes in
the stationary system (1.4 deg of e3P and e^p, and 1 deg of e4p in rotating
system). The increase in primary servo piston ar a necessary to provide this
increase in force capability is 8.06 cm2 (1.25 in ) with the normal hydraulic
supply pressure of 20.7 N/mm2
 (3000 psi). This increase in area is equal to
75% of the area of one primary servo 'p iston in the p,,esent BLACK HAWK. If
the HHC ac'.%- ators were mounted in the rotating system, the piston area for
HHC inputs could be reduced to about 5.9 cm 2 (.92 square inches). No matter
which configuration is employed the primary servos have to generate forces
0 input HHC in addition to reacting normal flight forces, and performing
adequately when these forces are imposed. For a flight demonstration
program, the BLACK HAWK primary servo force capacity may be acceptable by
limiting the load factor envelope. The maximum servo loads are encountered
in high load factor maneuvers. For a new design, resizing of the primary
servos will be required.
As discussed previously dual, electrical-input servo valves are used in
the HHC actuators. This redundancy allows comparison monitoring to be used
to detect electrical or hydraulic malfunctions. Pressures dependent on flow
through two valves are applied across a monitor piston. Under normal oper-
ating conditions, this piston would only move slightly. However if a fail-
ure occurs, the motion would exceed a pre-determined level and a shut off
valve would be activated to lock up the servo. H transient fault could be
reset, but a hard failure would not allow operation to be continued. Besides
monitoring the valves, the HHL actuator output position would also be checked
to make sure it agrees with the commanded position.
Although mechanical position feedback %vould be less expensive, elec-
tronic feedback was determined to be superior. Digital implementation of
the feedback loops would allow the control system to modify the actuator
response as a function of frequency to optimize the h i gh frequency response
characteristics needed for higher harmonic control. The digital feedback
also simplified the monitoring requirements of the actuator. During the
nonlinear analysis of the HHC system an author ; ty limit of + 2 0 was deter-
mined to be sufficient to provide good vibration al'ieviation.
	 For the
BLACK HAWK one degree of blade pitch change corresponds to .30 cm (.12 in)
linear stroke at the forced swashplate input points when the actuators act
collectively or .19 cm (.075 in) when the actuators act differentially.
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The hydraulic flow requirement for each HHC actuator is a functior of
piston area and piston velocity. For the BLACK HAWK, assuming the HHC servo
is located between the primary servo and the swashplate, the area is 8.06
cm2 (1.25 in2 ) and the average velocity is about 8.5 inches per second for +
t o collective motion and about 5.3 inches per second for + t o cyclic motion.
The greatest hydraulic fluid flow demand for the three actuators in the
BLACK HAWK configuration is then approximately 37.8 liters per minute (10.0
gallons per minute). This corresponds to two servo pistons moving at 13.8
in/sec and one piston moving at 3.2 in/sec. At present the BLACK HAWK has
two primary hydraulic systems that can each provide 6.2 gpm. Two systems
are needed for redundancy, each powering one stage of each primary servo
actuator. A third system, powered by the APU, provides back-up. It is
apparent that whatever configu ration is employed for the HHC servos the flow
requirements cannot be met by the present hydraulic system. The most
feasible method of providing the needed hydraulic flow would be to add an
electrically driven hydraulic pump to supply fluid to the HHC actuators.
Power requirements and heat dissipation could be a problem. A possible
solution would be the design of a resonant hydraulic driving system. For
the flight demonstration on the BLACK HAWK, only one HHC hydraulic system
around be needed, since fail-operational capability would not be a require-
ment. However, if configurations 1 or 2 were employed, the flow require-
ments would apply to both stages of the primary servos, and two independent
additional HHC power systems would be required, each with the capacity
described above.
Digital Controller Feasibility - Preliminary analysis has indicated
that implementation of the higher harmonic control system in a DEC PDP 11/40
is feasible. Table 4.2 contains the computational requirements of the HHC
system. However. this table does not include the update rates required for
system stability. In general, the update rate for the actuator control loop
must be at least 10 is not i5 or 20 times the highest controlled frequency.
For 5/rev commands, this update rate would be of the order of 200 to 400
solutions per second. The HHC actuator positions would have to be sampled at
this rate and the new position command would have to be Outputted just as
q-,nckiy. Normally these high 1/0 rates would severely reduce available CPU
time, however the use of direct memory access (DMA) allows the 1/0 to be
performed with virtually no expanditure of CPU time. For the HHC system, the
PDP 11/40 would need two DMA controllers, one for input and one for output.
The CH-53E Dual Digital AFCS uses DMA to proviae update rates as high as 160
solutions per second. While the actuator control loops are being solved at
200-400 Hz, the parameter identification and minimum variance gain calcula-
tions would be performed at much lower •ates, 10-20 Hz.
The combination of the high rate control loop computation and the lower
rate identification and minimum variance computations will severely tax the
capabilities of the PDP 11/40 computer. A more practicable solution is a
hybrid system which separates the control loop from the other computations.
The actuator controller would be analog electronics which would generate the
HHC commands from amplitude/phase signals updated periodically (5 Hz) by the
digital system. Block diagrams of the two HHC systems are shown in Figure
6.2.
143
0O
Q ^
W
a
c^
0
WH
N
}
N
E
eo
S-
uO
co
E
a
Ln
N
U
2
S
cc
0
a
UQ
NJQ	 lDF-
U	 O
O	 7
L^
N
N
L
144
Regardless of which mechanization is selected during preliminary design,
a single computer would be adequate for wind tunnel testing of the HHC
system. For flight demonstration hardware the electronics would have
to be a dual, comparison monitored system to provide fail-safe operation.
A new aircraft designed with higher harmonic control as part of the basic
aircraft would require a fail-operational system. This requirement can be
met with three computers and tandem servos. Table 6.1 provides an estimate
of the component weights of the HHC system for various installations.
To summarize, higher harmonic control is feasible with present or near
term technology. Hybrid implementation of the HHC algorithms would allow
the use of a commercially available digital computer without severely bur-
.	 dening the processor. The most cost effective input configuration is to
modify the aircraft primary servos to accept both mechanical and electrical
commands. This arrangement is suitable for most helicopters because the
primary servos attach directly to the stationary swashplate. The only
problem area is the large hydraulic flow requirements dictated by the high
frequency inputs into the rotor. Unconventional designs using resonant
actuator systems might reauce these requirements.
6.2 Gust Alleviation System
The non-linear analysis of the gust alleviation system demonstrated
that the system could provide good performance within the limitations of the
existing Stability Augmentation, System (SAS). Implementation of the gust
controller in the BLACK HAWK would require the addition of a limited au-
thority SAS-type actuator in the coilective control axis. This collective
servo has been developed for the SH-60B. The BLACK HAWK SAS is redundant
and would interface easily with the dual gust controller.
The computational requirements of the optimal controller are provided
in Table 6.2. For the suboptimal system these requirements are reduced by
an order of magnitude. The only portion of the suboptimal system that would
use significant computational time would be the tip-path-plane (Kalman)
resolver. During the rotor/vehicle state feedbacK investigation, Reference
18, the sampling rate of the blade flapping measurements was 24 per revo-
lution. This rate would be about 100 samples per blade per second for the
BLACK hAWK and was used during the non-iinear analysis. The most cost
effective approach would be to incorporate the gust controller software into
the PDP 11/40 higher harmonic control system computers. However, without
actually programming one of the computers it is difficult to determine
whether both programs could be executed simultaneously.
Fiore development work will have to be done to develop some of the
sensors needed by the gust alleviation system. In the past blade flapping
has been measured by potentiometers mounted on the rotor blade flapping
j	 hirges. This worked fine on the older technology rotor heads having a well
defined mechanical flapping hinge. However, with the advent of elastomeric
hearings and/or hingeless rotor systems potentiometers are useless. Another
method must be found to sense blade fla pping. Possibilities include the use
of fiber optic and laser technology.
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The other sensor which may have to be improved is the angle-of-attack
sensor. At present, fuselage angle-of-attack is measured by a boom-mounted
vane attached to a potentiometer. This arrangement works fine for flight
test instrumentation. Whether or not the performance of this sensor is
adequate for feedback purposes will have to be determined. An alternative
might be to develop a servo-driven sensor to measure angle of attack. This
new sensor would measure the local angle of attack using a symmetrical
airfoil and pressure sensors. The airfoil would be positioned by a servo to
equalize the pressure on its upper and lower surfaces.
143
SECTION 7
CONCLUSIONS
The most important conclusion that can be drawn for the analytical
results presented is that significant reductions can be made in helicopter
vibration and gust response alleviation with the use of active feedback
control. Fuselage vibration reductions on the order of 80-90 percent and
gust response reductions on the order of 50 percent were achieved with
active control. A major portion of these reductions is attributed directly
to the specific separate control system designs for vibration and for gusts.
This suggests the need to tailor a control system for a specific require-
ment. The results demonstrate that both the vibration and gust control
systems contain the specific ingredients required for maximum effectiveness.
Both of these control systems should serve as the building blocks for the
first generation of hardware. Specific conclusions concerning the vibration
and gust control systems follow.
1. The marriage of higher harmonic control with the real time self-
adaptive (RTSA) controller is a very effective control system design ap-
proach for vibration reduction. The reason for the demonstrated success of
the RTSA is that it combines the best of the transfer matrix approach, which
takes advantage of the periodic nature of helicopter vibration, with a real
time tracking, identification, and minimum variance computation scheme
capable of implementing higher harmonic control every rotor revolution.
An update capability on the order of once Der 1 or 2 revs is required for
effective vibration control over the total helicopter flight envelope.
2. Implementing higher harmonic control through oscillation of the
standard swashplate configuration is adequate to achieve the 80-90 percent
level of vibration reduction. This approach permits oscillating the swash-
plate at N/rev for control of N/rev fuselage vibrations for an N-bladed rotor
helicopter.
3. The amplitude of higher harmonic control angles at 3, 4 and 5/rev
required to reduce vibrations is on the order of 1 degree. This result
agrees with other published theoretical and ex perimental results.
4. The studies reported herein have shown that rotor blade loads may
or may not be increased significantly by HHC inputs. The potential for
control inputs that do not increase blade loads has clearly been demon-
strated.
5. Rotor blade loads can be increased by higher harmonic control
inputs as follows. Torsional load increases aro, in general, directly
proportional to the magnitude of HHC inputs and occur at HHC input fre-
quencies. Blade flatwise and edgewise responses can be increased by two
mechanisms: rotating to fixed system hub load vectoral cancellation and
interharmonic coupling. Blade loads can be increased by vectoral cancel-
lation whenever stationary system 4/rev loads are decreased by proper
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phasing of rotating system 3/rev and 5/rev loads rather than by reducing
their amplitudes. Interharmonic coupling can increase blade loads at
harmonic frequencies which are + 1, 2 and 3/rev separated from the HHC input
frequencies. Airloads at these frequencies are generated by the product of
HHC input frequencies (3, 4 and 5/rev) and 1, 2 and 3/rev rotor blade
velocities.
6. Two methods of controlling blade loads exist. The first is to
devise a performance index comprised of appropriate hub vibration measure-
ments which eliminates the potential for hub load vectoral cancellation..
The second is to include a blade load measurement in the performance index
either directly or indirectly through a state estimator.
7. Rotor performance is not significantly affected by optimum higher
harmonic control for vibration. A five percent loss was noted for the 150
kn case. Although this loss is within the accuracy of the performance
analysis, the potential exists to use an indicator of rotor performance such
as steady torque in the controller computations as another weighted variable
so that rotor performance would be unaffected (or even minimized).
8. The use of local sensors provides more effective local vibration
reduction than the use of remote sensors near the rotor hub, indicative of
significant modal vectoral cancellations occurring in the fuselage as a
result of higher harmonic control. Therefore it is expected that active
vibration control with local sensors would be equally effective for min-
imizing vibration from many sources (em pennage response, canopy pressures,
etc) in addition to the main rotor by inducing favorable fuselage modal
vectoral cancellation.
9. Vibration reduction with the active controller is sensitive to the
weightings used for each vibration sensor. The reason for this is related
to the fundamental characteristic of the fuselage modes used.
10. The results show the need for a real time identifier and tracking
capability of a vibration controller, not only because of time-varying
changes during transients and maneuvers, but also because the relationship
between vibration and higher harmonic control is nonlinear. The real time
identifier and tracker must work in close harmony with the Ae limiter and
the time allotted between updates in order to minimize the nonlinear effects
as well as the transient vibratory respoi,se to control inputs. This pro-
vides an accurately updated transfer matrix for optimum control angle cal-
culations at each update. A good combination was a Ae limiter of 0.1 degree
coupled with a 1 rev time between updates.
11. The vibration controller is toler--nt of noisy measurement signals.
Noise le4els up to 15 percent noise-to-signal ratio had no discernable
effect on controller performance.
12. The vibration controller provides good vibration reduction for all
flight conditions. 	 It also functions satisfactorily for a variety of disc
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loading, blade loading, blade frequencies, fuselage frequency combinations
and rotor types.
13. The generality of the vibration controller is further enhanced by
its adaptability. The closed loop analysis was excercised using the T-
matrix that corresponds to the 150 kn high speed level flight condition as
the initial T-matrix for all other parametric variations. For all the cases
studied, the controller was able to identify and update the T-matrix sat-
isfactorily and command a set of higher harmonic control inputs that mini-
'	 mize vibrations.
14. A nonlinear analysis using a sophisticated helicopter simulation
and a gust model is necessary for the anaiytical design of a gust suppres-
sion controller because the linear analysis does not sufficiently represent
the "real" aircraft, e.g., the authority and rate limits.
15. It was found to be quite difficult to design an optimal controller
using a complex linear model and LQR theory which functions satisfactorily
with a sophisticated nonlinear model.
16. significant reductions in gust response can be produced with
angle-of-attack feedback into pitch and load factor feedback into collective
pitch.
17. Based on a preliminary assessment of the hardware implementation
requirements for the vibration controller, the higher harmonic control is
considered feasible with present or near term technology. Hybrid imple-
mentation of the HHC algorithms would allow the use of a commercially
available digital computer without severely burdening the processor. The
most cost effective input configuration is to modify the aircraft primary
servos to accept both mechanical and electrical commands. 1- his arrangei.ent
is suitable for most helicopters because the primary servos attach directly
to the stationary swashplate.
18. The key design issues that need to be resolved for successful
hardware implementation are: primary servos, hysteresis, swashplate
stiffness, blade strength, blade mode frequencies, hydraulic supply, power
required for hydraulics, computer and weight.
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SECTION 8
RECOMMENDATIONS
Based upon the results presented, the following recummendations are
made. For the vibration portion of the contract, there are four definite
areas requiring additional attention to further understand and refine active
vibration control.
1. The HHC analysis and controller developed herein should be applied
to and correlated with available data acquired in wind tunnel tests of model
rotors employing HNC.
2. Refinements and additional study of the vibration controller is
recommended to advance the vibration controller configuration towards a full
scale hardware design. Recommended refinements would include increased
number of vibration sensors, optimization of weighting function, inclusion
of a measurement filter, blade stresses and rotor torque and inclusion of
control system swashplate dynamics. No major refinements are deemed nec-
essary. The areas of additional study would include evaluation of con-
troller performance with these refinements and also analytical simulation of
transient and maneuvers (pullups, turns, descents, flares) to provide a
rigorous evaluation of the RTSA vibration controller.
J.	 After evaluation of the controller with these refinements, a first
generation flightworthy controller hardware design and development is rec-
ommended for full scale wind tunnel test evaluation. Hands-on evaluation
and the capability to parametrically change controller characteristics for
set wind tunnel conditions is the next logical step in the controller develop-
ment and is an obvious milestone to be achieved in the maturity of active
vibration control. Also, only hardware design aiming at flightworthiness
will surface the real design problems.
4.	 Significant questions were uncovered during the analytical study
to warrant further investigations into the fundamentals of higher harmonic
control. Most of the questions are directed towards the open loop appli-
cation of higher harmonic control and are therefore somewhat divorced from
the active controller concept. However these questions impact not only
controller performance but the very concept of higher riarmonic control.
Therefore there is a definite need for more study in these areas. The most
pressing questions are: a) How non-linear is the vibration-higher harmonic
control relation and what is the source and extent of the nonlinearity? Is
it airspeed, thrust or control amplitude related? System nonlinearity
generally implies possible local solutions.
	 It this possible for higher
harmonic control? b) What is the mechanism by which rotor performance is
affected by 3, 4 and 5 per rev higher harmonic control. Can the mechanism
be used to advantage to imporve rotor performance? c) What happens to
harmonic blade motions with optimum higher harmonic control? Do the blades
1J-2
seek a modal vectoral cancellation of shears and moments at the blade root
or is there an overall reduction in modal excitations? d) For optimum
higher harmonic control what are the characteristics cf the blade spanwise
harmonic airloads compared to the airloads with no active control?
As for the gust suppression, the following tasks are desirable to
further the advancement of the state-of-the-art.
1. Further analytical studies of gust suppression algorithms would
be desirable with a pilot in the loop. This would be best accomplished
using the NASA Ames motion simulator.
2. Flight test a gust suppression controller on the NASA CH-53 or
RSRA.
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